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APPLICATION OF THE AIR FORCE'S NEW 
STRUCTURAL REQUIREMENTS TO COMPOSITES 

By 

Gary K. Waggoner 
Aeronautical Systems Division 


SUMMARY 


The new requirements, contained within the Air Force's approach 
to achieving structural safety and durability in military aircraft, 
g reviewed. The approach to be taken, when qualifying and certifying 
structures made from conqjosites, is described. While structures made 
from composites can be qualified and certified to these requirements, 
it appears that the limited state of the technology today in predicting 
life and residual strength under combined service loading and environ- 
mental effects will result in increased test requirements over that 
normally anticipated in qualifying and certifying metal components. 

This points up the need for significant advances in the understanding 
of life limiting factors in composites coupled with the development 
and validation of analytic tools to predict behavior under real life 
conditions . 


INTRODUCTION 


Within the last five years, significant changes have occurred in 
the Air Force philosophy toward achieving structural safety and dura- 
bility in military aircraft. The necessity for these changes became 
evident when a number of Air Force systems began experiencing unsatis- 
factory service histories in terms of both safety of flight problems 
and unacceptably high maintenance costs. These problems were an 
indication that the requirements which were used to insure structural 
integrity throughout the life of the system were not completely adequate. 
Therefore, a complete revamping of the requirements was begun to 
eliminate those requirements that did not work, to minimize arbitrary 
requirements, and to develop new requirements which addr ssed the 
specific causes of the problems. Reference 1 presents an excellent 
summary and discussion of the rationale behind the revisions that took 
place. 

Basically, the new requirements are geared to the development of 
a structure that is capable of accommodating flaws induced either in 
manufacture or in service (damage tolerant), in addition to having an 
economic life in excess of the design usage life (durable). In addition, 
a force management program has been defined in order to maintain 
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structural 
individual 
usage . 


integrity by tracking actual service usage and determini 
aircraft inspection and maintenance times, based on that 
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MIL-STD-1530A REQUIREMENTS 

a dn/ he ^ ^ ° f the reVised requirements are presented in 

a document entitled Aircraft Structural Integrity Program MIL-STD-1530A 

r i dentlfies “ S ks to be accomplished d!hng the 

development and use of an airframe. These tasks are as follows: 

br . J ASK * - DESIGN INFORMATION - defines those actions involved in 

dlsigf fo ^Lt P tJe Priate f * riteria and Plannin 8 to bear on an airframe 
Thi /Yfc l h * h s P ec r f ic operational requirements will be met. 

finalized iT w ^ * u™ P ° Ssible ln the conceptual phase and is 

finalized in subsequent phases of the airplane life cycle. 

TASK II - DESIGN ANALYSIS AND DEVELOPMENT TESTS - encompasses the 

operate' fload^ t.° *■ which the Sr^e St 

eLirllt! 1 f7 erat “ re * chemical, abrasive, vibratory and acoustic 
onment ) and to perform preliminary analyses and tests based on 

s^ren e th V d^^t f° deSi§n Y 8iZe the airframe to meet the required 
strength, damage tolerance, and durability requirements. 

of the^trnrf " FULL SCALE TESTS " assists in determining the adequacy 
series of ln maabin S the basic design requirements through a 

bilitv daraa? UI1 f fllght tests - These tests include static, dura- 

fiigat ° perations - 

recuirefeL'nH ^f^MENT DATA PACKAGE - describes the minimum 

so that the T-? 3 package which the contractor shall provide 

s that the Air Force can maintain structural integrity of the force 

during actual service usage. Basic elements of this pLkage include 
e final updated analyses, development of inspection and repair 
criteria, an initial and an updated force maintenance plan and a 

vidlnf'L "fr ldUal and f ° rCe “ aCk1 " 8 <■'<>“' “«“d pro- 
vidmg actual service usage data. F 

TASK V - FORCE MANAGEMENT - describes those actions that must be 
conducted by the Air Force during force operations to eLre the 
uamage tolerance and durability of each airplane. The objective is to 

“ n : r ed " hich the jzzzz to 

actions must be performed on individual aircraft and each critical 

ForcV^r'n ^ ‘Y iS primarily the -sponsibiUty of tSe Mr 
data rap b ® performed by the appropriate commands utilizing the 

: „ “ Ud by . the *■> Ta Sk tv w lth t h . 

aiuouni. ot contractor assistance . 


As stated previously, each of these tasks are pointed toward 
developing and maintaining a structure which exhibits an adequate level 
of damage tolerance and durability. Within the program just described, 
the general procedure to be taken in arriving at a damage tolerant and 
durable design is described below. 

DAMAGE TOLERANCE 

The specific requirements and procedures for achieving damage 
tolerance are defined in MIL-A-83444 and MIL-A-8867B and are based on 
the design concept selected (slow crack growth or fail safe) and upon 
the level of inspectability of the structure (6 categories ranging 
from in-flight evident to noninspectable . ) Then, for any given design 
concept and level of inspectability, it is assumed that specified 
defects (flaws) exist within the structure as it comes off the assembly 
line. These assumed defects are based on those types and sizes that 
have been found to escape detection by good NDI methods commonly 
employed by airframe manufacturers. The defects are then grown by 
analytic techniques and actual tests to demonstrate that the structure, 
at any time within a specified service usage interval, will possess an 
adequate residual strength capability. 

Throughout this process, a controlling document called a damage 
tolerance control plan is to be developed and maintained to identify 
all of the tasks to be accomplished in meeting the damage tolerance 
requirements. It includes the development of a fracture critical 
parts list, the inspection, process control and quality control pro- 
cedures necessary to verify the initial defect type and size assumptions 
and identification of all analysis and testing that is to be performed 
within the program. 

DURABILITY 


The specific requirements for durability are contained in 
MIL-A-8866B and MIL-A-8867B. They require that a disciplined procedure 
for durability design be instituted to minimize the possibility of 
incorporating adverse residual stresses, local design details, materials 
and processes, etc, that could lead to early maintenance problems or 
uneconomic service experience. In addition, analyses are to be con- 
ducted which account for factors affecting the time for production 
variables (defects) to reach repair sizes such as: initial quality 

and variations, environment, load sequence and environmental inter- 
actions, and material property variations. If various protection 
systems are used in the design they must be shown to provide acceptable 
endurance for one design lifetime under the chemical /thermal environment 
which the structure will see in service. Finally, design development 
tests are required to verify the analytical predictions. 


These, then, are the basic requirements and methods by which the 
Air Force develops airframe components which will exhibit adequate 
damage tolerance and durability. 

A PPLICATION O F REQUIREMENTS TO COMPOSITES 

APPROACH . In addressing the application of these requirements to 
composites it is determined that the basic requirements contained 
within MIL-STD-1530A must be maintained. It must also be stated that 
the procedures which must be employed in qualifying, certifying, and 
managing components made from composite materials to these requirements 
are in a state of development at the present time. Therefore, the 
discussion that follows describes the procedures which are determined 
necessary based on the level of the technology (data base, analytical 
capability, and service experience) at this point in time. It appears 
that the static design capability within the industry is quite well in 
hand although this capability can vary significantly from one company 
to another. However, it is felt that in the area of life and residual 
strength prediction capability a technology deficiency exists. This 
deficiency will impact the qualification, certification, and force 
management portions of the overall program. 

LI FE AND RESIDUAL STRENGTH PREDICTION CAPABILITY . A data base presently 
exists on a number of individual factors which affect the strength and 
stiffness behavior of the material. We have, for example, information 
on the creep behavior of the material, both wet and dry, as well as the 
wt and dry static strength behavior of the material with temperature. 

We also have fatigue information on wet and dry laminates. However, 
the majority of the data that is available is basically tension-tension 
fatigue with very little information available for either fully 
reversed cycling or compression-compression fatigue with a wet (pre- 
soaked) material. Moreover, we do not have a sufficient data base on 
the fatigue behavior of the material under real time flight-by-flight 
load/environmental service conditions, nor do we have a validated 
analysis capability to take the bits and pieces of data we do have 
from individual effects and combine them in some sort of an analytic 
prediction method. In addition, a number of questions have been raised 
within recent months concerning moisture distribution effects, possible 
dimensional changes due to moisture absorption, and the effects of 
revised service usage, about which limited data exists today and which 
therefore cannot be easily dismissed. With the current state of the 
technology it appears that in order to predict life or residual 
strength, an empirical method must be employed; that is, tests must be 
conducted during the design development program which applies those 
conditions which are deemed to either affect life/residual strength or 
which pose a question for which we have no data. 

RES_ULTS__QF LIM ITED AIR FORCE SERVICE EXPERIENCE PROGRAMS . Within the 
past six months the Air Force has been evaluating a number of service 
experience programs utilizing composite parts that were placed in 


service some 3-5 years ago. While the success that the individual 
articles experienced in service is varied (in some cases, quite good 
and in other cases, not so good), the conclusion that can be drawn 
at the present time from this limited evaluation is that the qualifi- 
cation and certification procedures utilized within the individual 
development programs did not identify the life limiting factors that 
some of these structures would eventually see. In addition, force 
management procedures such as tracking actual usage and providing 
adequate levels of inspection and/or maintenance actions were not 
adequate to identify emerging problems. It therefore appears that 
some revisions to the approaches that have been used in the past are 
warranted. 

I would like to briefly highlight what some of those procedures 
that appear to need revision are. In the qualification portion of the 
program eoqphasis has been placed upon achieving sufficient static 
strength and residual strength after fatigue testing to account for 
such things as manufacturing and processing variables and for the 
effects of load, environment, time, etc. Also, the factors that were 
shown to effect strength degradation such as moisture and temperature 
were not adequately simulated during the design development and verifi- 
cation tests. Finally, the moisture levels that were applied to the 
structure did not account for those moisture levels that the structure 
might see during its service life. In terms of certification, a 
standard NDI procedure was employed. However, the effects of the manu- 
facturing and processing variables which were identified were not 
determined under real service conditions and therefore the validity of 
the results of those tests are not known. In the force management 
area no tracking was required to determine actual aircraft or force 
environmental usage. Generally, only visual inspections were called 
for at the depot levels, if even that was required. Moreover, the 
inspection intervals were not based on possible damage growth rates 
with environment since those rates were not determined within the 
certification program, nor was information available on what the actual 
service environment was. In looking at the^e procedures it appears 
that a number of things should be done differently in order to properly 
address the damage tolerance and durability questions which must be 
answered in moving toward satisfying the requirements. The approach 
that will be described has been developed by comparing MIL-STD-1530A 
requirements with the current state of the technology and determining 
appropriate procedures which are necessary to meet these requirements. 

CURRENT APPROACH TO QUALIFICATION , CERTIFICATION , AND FORCE MANAGEMENT . 

It appears that the following should be accomplished: (a) A more 

extensive design development and test program which will account for 
service environmental effects on design details and production variables; 

(b) Possibly a more extensive full scale durability test program; 

(c) An individual article certification procedure which will account 
for the variables which may be Introduced into production articles and 
which will determine the effects of these variables on stiffness and 
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strength degradation wi ^f^^^^^icat'facto'rs lillTJeTetT^ 

m 

I Will discuss each of these areas of revision in more detail, 
niui TETCATION PROGRAM - DESIGN DEVELOPMENT. During the design develop- 

d"t mining^ a S f inal^est^pectru^whic^will be'applied throughout the 
of tL program. Using this test spectrum, subcomponent and 

eminent tests should «* 

« r ktn8 d“sus ss°sr 

Of these strength behavior trajectories for desrgn ^tsrlsuhrchare 

S3£SSSH?S§Sr 

exist in production hardware based on program, quality > 

Si pr^eSures employed shall be determined utilizing thus frnsl test 

spectrum. 

22 Hr- 1 =s=sia i 

si~£ Er;;.r r:x,:‘2r:.".:s, 

may be separate cesponents of^hat arrfr me In --her case, ^ 

full scale devel. apment or RDIbE “ (llgtlt spectrum coupled 

'?“ C ” t a.tree'"of service load/environmental simulation which has 
been 2LJSS » « rom the design development program. 

Thar is the full service conditions must be applied if signi 
questions still exist after the design development warran 

their inclusion in the test (inadequate completeness in n-mber or 
types of tests or test conditions; confusing results; undesirable 

effects; etc.) 

However in this type of testing the desire always exists to 
minimize the’overall test costs by truncating as many parameters 


possible without affecting the ability to reach the objective. In 
order to determine the allowable level of truncation the rationale of 
Figure 1 must be applied. In order to truncate a given parameter, the 
effect of that parameter on the structure must be fully defined in 
terms of its either having no effecc, or that the effect can be pre- 
dicted and accounted for in the results obtained. It is only when 
these conditions are met that a parameter can be truncated. 

The test duration is to include a minimum of two lifetimes unless 
the economic life is reached prior to that point in time. If the 
economic life is not reached within the first two lifetimes, an option 
is to be provided for the Air Force to conduct additional lifetimes 
of testing, if desired. 

The schedule requirements for this test provide for the completion 
of one lifetime prior to production decision and two lifetimes prior 
to the delivery of the first production aircraft. 

At the completion of the fatigue testing it is a requirement that 
functional checks be performed on the article to indicate any change in 
its operational capability. After completion of these checks it is felt 
that more information may be gained by conducting additional tests 
other than the residual strength test which currently is common practice. 
Consideration should therefore be given to conducting such tests as 
service damage and repair tests, damage tolerance tests, and fail safe 
tests. At the completion of all testing a detailed inspection is to 
be conducted on all design details to identify damage not found during 
normal test inspections. 

IN DIVIDUAL ARTICLE CERTIFICATION . The objective of this program is to 
assure that variables (in materials, processing, manufacturing, and 
assembly) which could result in structural failure or loss of functional 
capability prior to the required design life will not be introduced into 
service. Therefore, regardless of the method of certification chosen, 
the allowable acceptance limits on production variables must be defined 
and their effect on life and residual strength with actual service 
usage established. This requires that strength degradation trajectories 
be developed for each failure mode which is present within the structure. 
Again, with the current state of the technology, this must be established 
primarily by test. The acturl variables which must be tested are based 
on the level and type of NDI which the program is utilizing and which 
may escape detection. Based n the results of those tests the con- 
tractor has a number of optic :s (See Figure 2) by which he may certify 
a structure. If the strength degradation trajectories show that 
adequate residual strength exists after the required usage interval, 
the method used to establish the initial variation level is adequate 
for the full service usage interval. If, however, the inspection used 
to establish the initial level allows variables to exist in the 
structure which will provide inadequate residual strength for the full 


lifetime, the certification concept will require either in-service 
NDI or an in-service proof test in order to adequately maintain 
structural integrity. 

FORCE MANAGEMENT. The objective of this program is to maintain the 
overall force structural integrity by determining the actual aircraft 
usage and by taking appropriate maintenance actions at the required 
times. There are two portions to this overall program. The first is 
the establishment of overall force maintenance estimates based on actual 
service usage. The information is used for force maintenance planning 
purposes in terms of scheduling and budgetary requirements. This 
portion of the program requires that the contractor develop a plan 
which will provide for the tracking of parameters that are determined 
to significantly affect structural life. This information is then to 
be utilized in developing a "baseline operational spectra" which in 
turn is used to develop revised maintenance times and actions (revised 
maintenance times from those specified at the conclusion of the develop- 
ment program which were based on the design usage spectra.) The 
updated force structural maintenance plan specifies the when, where 
and how for actual force inspection and modification requirements. ’ 

As m previous portions of the overall program our capability to 
analytically predict life and residual strength capability forces us 
into a test mode to determine revised maintenance times. 


The second part of the force management program is the individual 
aircraft tracking program which results in individual aircraft inspection 
and maintenance times. it is this portion of the overall program that 
actually maintains the structural integrity of each aircraft in the 
force. It is analagous to the overall force maintenance plan with the 
exception that each airplane usage is now tracked and appropriate 
maintenance actions for each individual aircraft are developed. It 
is m this area that we foresee a relatively large impact due to the 
lack of a validated analysis capability. In the normal determination of 
revise inspection and maintenance times we now have each airplane in 
the fleet flying to a different spectrum and we must determine individual 
aircraft actions based on each different flight usage. Since running 
tests for each aircraft usage is impractical, we will be required to 
conduct tests based on the most severe and least severe usage, and then 
interpolate between the two for every other aircraft in order to plan 
for the required actions. 


C ONCLUSIONS 

The foregoing has discussed those procedures and actions that 
are determined to be necessary in qualifying, certifying, and managing 
airframe structures made from composite materials. It is our belief 
that the composite structures today can be adequately designed, 
developed, and managed in order to allow them to be put in the Air 
Force inventory today. However, a rather cumbersome test requirement 
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appears necessary on any development program at this point in time due 
to the limited data base and life prediction analysis capability that 
exists today. 

At the present time, there are a number of laboratory programs 
addressing numerous areas of deficiencies and the data base in these 
areas is expanding very rapidly. There is scill, however, a great 
need for research and development programs to address the many questions 
which exist in the areas of: life limiting factors in composites; 

manufacturing, and processing procedures to minimize variables; NDI 
procedures for bonded structures; development and verification of life 
and residual strength analysis methods; and the development of environ- 
mental test procedures. 

The goal in addressing and answering these questions is to improve 
the data base, analytic capability, and our understanding to the point 
that improved procedures to meet qualification, certification, and force 
management requirements may be developed in the very near future. 

The answers to these questions will not come easily, or by them- 
selves, but will only become available through a dedicated, coordinated 
effort on the part of industry and the government. 
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Figure 1 .- Full scale durability test dexemination 
of allowable truncation level. 
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Figure 2 .- Certification options. 
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CERTIFICATION REQUIREMENTS FOR CIVIL COMPOSITE 
COMMERCIAL AIRFRAME STRUCTURES 
By James E. Dougherty, Jr. 

Federal Aviation Administration 


SUMMARY 


This paper discusses the regulatory implications associated with the use 
of fibrous composite materials in civil aircraft primary structures. It 
briefly reviews the applicable requirements. It highlights some. of the major 
problems confronting the FAA when such materials are used extensively through- 
out primary structures. The paper summarizes the current thinking. of the FAA 
in regard to how best such arrangements could be accepted for use in civil 
aircraft. It recognizes that further inputs from the aviation industry are 
needed to assure uniform development and application of such requirements. 


INTRODUCTION 


As you know, the FAA has certificated advanced composite secondary 
structure for use in commercial service in recent years. Although the service 
history has been relatively short, the experience to date with these structures 

has been good. 

With the award of the advanced composite vertical fin contract by NASA 
Langley Research Center and the anticipated application to a complete wing and 
to a pressurized fuselage, the aviation community is on the. threshold of a new 
technology application - advanced composites in aircraft primary structure. 
Advantages such as strength to weight ratios, cost and fuel savings warrant 
careful assessment by all in order to make certain that this new technology 
can assure a structural integrity equal to or better than the level provided 
by current structures fabricated from state-of-the art and non-metallic 
materials. 

There is a need to utilize aircraft to accumulate large numbers. of hours 
of normal service to produce a broad base of data and experience to increase 
producer’s and user's confidence in advanced composite structures. In this 
process it is essential to assure that any new materials, such as advanced 
composites, will not introduce features hazardous. to the operational safety oi 
the aircraft involved - whether commercial or military. 

Herein are discussed current FAA thoughts on the certification basis of 
advanced composite primary structure in commercial aircraft. They are predi- 
cated on use of the current effective issue of FAR 25* to the maximum extent 

* Federal Aviation Regu7 tions, Part 25, "Airworthiness Standards - 
Transport Category Airplanes." 
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practicable. When deemed necessary these standards are adapted to cope with 
unique problems of design, fabrication and operation. 

■Jhere necessary , special conditions may be required. Several are proposed 
in the Appendix of tnis paper. The guidelines discussed herein, in conjunc- 
tion with FAR 25, are therefore proposed as the certification basis for 
advanced composite primary structure employed in transport aircraft. The 
special emphasis on "proposed" and "tentative" is deliberate on our part as it 
is necessary to explore further with the industry on the exact terminology to 
set forth. 

As part of the overall aircraft safety record, there has been a constant 
increase in the reliability of safety of aircraft structures. Composite 
primary structure would, therefore, be expected to meet a level of safety at 
least equivalent to its metallic counterparts at the time of certification. 


MATERIAL AND FABRICATION DEVELOPMENT 


The objective in developing materials, processes and joining methods for 
primary advanced composite structure is to concentrate on those formulations 
which will result in an efficient structure that provides adequate strength, 
reliability, and service life. The selection of materials and processes, 
including joining for tension-loaded primary structure, is dominantly control- 
led by weight, cost, and service life considerations. A primary factor in the 
final selection should be the results of the design concept/material/weight/ 
cost tradeoff studies performed as an initial part of the fracture and fatigue 
control program. . Problem areas peculiar to advanced composites should be 
addressed early in the design development phase of the program, resolved by 
analytical methods, and verified by coupon and subcomponent testing. 

Before testing and analyses are done the material composition and material 
processing are to be defined to the degree needed to provide a basis for 
producing a reproducible and reliable structure. Process specifications are 
especially critical for composite materials. 

, Absorption and saturation levels of water vapor in the composite matrix 
and/or adhesives must be determined. Absorption and saturation studies should 
conservatively reflect service lifetime and usage conditions. The effect of 
water absorption to the anticipated saturation level, upon design allowable 
stiffness, strength, and f atigue/residual strength changes and the engineering 
properties at elevated temperatures need particular attention. Ehiphasis 
should. be also directed to the potential impact of moisture and temperature on 
mechanical and/or adhesive joint allowables, both in static and cyclic loading 
modes. 

X 

Subcomponent tests conducted should employ the primary load transfer region 
(mechanical and/or adhesive). The specimens should be tested statically in a 
humid environment and to an environmental/fatigue history. The performance of 
the subcomponent static and fatigue tests should provide initial information 
on the expected failure locations and/or modes. An analytical methodology i 

supported by expensive testing is needed to assess the occurrence and/or growth 
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of bonding defects, cracks and other damage in composite structure in the 
environmental and cyclic stress environments to which that portion of the 
component is expected to be subjected in service. Once the damage growth 
rates and acceptance limits are determined, the inspection, repair, or 
replacement time can be estimated. It will be essential to develop reli- 
able non-destructive testing met? ods. Experimental studies are needed on 
the impact of quasi-real time/ environmental fatigue history versus the 
traditional accelerated fatigue history. Studies should emphasize coupon 
size test specimens of typical joining modes, mechanical and/or adhesive. 
This evaluation should include examination of residual static strength 
changes and, where possible, fatigue life. Tests should be repeated to 
establish characteristics on a statistically sound basis. 

The maximum allowable defects (voids, etc.) permitted by process 
specifications should be established by test and analysis in order to show 
adequacy for the fatigue/fail-safe/residual strength requirements. Produc- 
tion components should receive 100% inspection to assure that process speci- 
fication limits are adhered to. 


PROOF OF STRUCTURE-GENERAL 


Analysis and specimen, subcomponent, and full-scale tests are the normal 
methods for proof of structure. All of these methods are typically used in 
a major program but in the case of advanced composites, all may be required 
to provide adequate substantiation. Analysis provides a practical method to 
evaluate the many loading conditions and failure conditions not tested and to 
determine the conditions to be tested. Analysis also provides assurance 
(where test verification is not practical) that all parts will have adequate 
strength. Specimen testing provides the opportunity to evaluate many vari- 
ables including the valuation between specimens. 

However, due to the complexities and uncertainties involved, full-scale 
and subcomponent static and fatigue tests of the primary sturcture are 
needed. Subcomponent testing provides a practical method of evaluating 
environmental effects, the variation of strength between specimens, the loca- 
tion of the more obvious failure modes, and the growth of partial failures. 

The full-scale testing assures that a ll critical structure is tested and that 
test loading and environment is realistic. There is some indication that 
variation of strength between individual structure may be greater in composites 
than conventional structure. Strength scatter should be established by 
component testing. Ultimate static tests and the scatter factors used in 
conjunction with fatigue testing should take into account strength scatter 
effects. 


PROOF OF STRUCTURE-STATIC 

Ultimate load static test - original and residual strength determination - 

Experience with regard to several complete aircraft test programs indicates 
that major components on some aircraft have experienced major test failures 
under loads less than design ultimate. For advanced composite primary structure, 


the methods of (1) establishing material allowables, (2) analysis of 
different types of construction, and (3) assessing effects of environment, 
will be somewhat comparable to past practice. However, reliance on these 
procedures to substantiate structures, either by analysis only or by 
analysis and limit load tests, is questionable since new materials, new 
fabrication means, new configurations, and new environmental effects vail 
make dependence on current methods less reliable. Therefore, a comprehen- 
sive static test program to ultimate strength is considered essential. 

Tests of laboratory specimens and service articles have indicated that 
water (or water mixed with fuel) absorption in the matrix reduces static 
strength and that repeated loads usually reduce but may under some conditions 
increase static strength. Consequently, it is believed that ultimate full- 
scale static tests should be performed after fatigue testing in a humid environ 
ment unless the effects of water absorption can be predicted reliably with 
subcomponent tests. This suggests sufficient subcomponent static tests 
should be performed on both static and fatigued articles in hunid/dry 
environments to determine humidity effects, the variation of strength between 
specimens, and to assure that static testing after fatigue test is conservative 


Proof load test requirements - 

Current nondestructive inspection techniques are inadequate for detecting 
weak bonded joints. Also in initial production, there is a significant chance 
of a void or other defect existing and a possibility of not detecting it in 
production inspection. Therefore, proof testing is considered necessary where 
bonding is used in primary structure or where ample static margins are not 
provided for ultimate loads with the maximum defect permitted by inspection. 

In such cases each full-scale production article should be proof tested to 
limit load under the critical design condition during initial production run 
or whenever drastic changes are made in production methods. The proof load 
should be adjusted to cover the expected environmental degradation over a 
service lifetime and any increase in material or component strength scatter 
over that of conventional structures. The proof test will ensure that the 
structure will not enter service without sufficient strength to withstand 
the maximum load expected in service. 


PROOF OF STRUCTURE - FATIGUE 


The present fatigue requirements, FAR 25.571, provide for either a fail 
safe or safe life approach in establishing the fatigue strength of the 
flight structure. Current jet transport fleets have been designed using 
the fail safe approach for the flight structure. This design concept, in 
conjunction with inspection procedures, has proven effective. Trie safe life 
approach primarily considers only the classical fatigue failure concept. It 
does not directly account for damage or structural deterioration due to other 
causes or circumstances. Furthermore, it is extremely difficult to assure 
that fatigue cracking of the structure will not occur in service or to predict 
where it will occur. It is therefore contemplated that the fail-safe concept 
would continue to be used in advanced composite design. 


The desired objective is to assure that the primary structure is 
capable of supporting the expected environmental/repeated loads and design 
limit loads in a humid environment after an obvious partial failure. It is 
believed that the environmental effect on the composite matrix and/ or 
adhesive is of sufficient magnitude to justify including it in the repeated 
loads test. 

The present fatigue requirements, FAR 25.571, do not specifically pro- 
vide that the structure must support environmental/repeated loads after 
obvious partial failure. The structure is, in fact, exposed to environmental./ 
repeated loads after each partial failure until failure is detected. There- 
fore, it is believed that the structure should be capable of supporting such 
repeated loads until the partial failure can be detected in lieu of assuming 
that residual static strength requirements will provide the needed strength. 
Also, it is believed the structure should remain capable of supporting limit 
loads in a humid environment after partial failure since they are the maxi- 
imsn loads expected in service and may be imposed, especially if the inspection 
period is long, or if the partial failure occurs in severe turbulence. Further, 
this larger fail-safe load may be needed with advance composites because it is 
more difficult to predict the extent of fail-safe damage and the strength of 
the partially failed structure. While the proposed guidelines do not include 
a dynamic magnification factor on fail-safe loads, they would require that 
the design limit be supported under realistic partial failure conditions. 

Thus the fail-safe evaluation would involve a determination of probable fail- 
ure areas by fatigue tests on subcomponent and full-scale articles. The 
residual fatigue and static strength would then be demonstrated with obvious 
partial failures in the probable failure areas and in other critical areas. 

The residual fatigue strength would have to be sufficient to provide assurance 
that the partial failure would be discovered with the inspection program. An 
obvious partial failure would usually consist of complete failure of one 
element but may involve partial failure of an element, or complete failure 
of several elements depending on the nature and location of the failure and 
the type of inspection contemplated but, in any case, it should be obvious 
during the planned inspection. 

It is expected that new failure modes associated with advanced composites 
will require special inspection method. The planned inspection method should, 
therefore, assure detection with a high degree of confidence. 

A full-scale fatigue test is needed and must be performed to unearth all 
failures that would occur in a fleet with the predicted variability of fatigue 
strength and loading spectrum under the expected environment such as described 
in AFML-TR -74-174 "Joint Aircraft Loading Structure Response Statistics of 
Time to Service Crack Initiation." In this regard, the period of the full- 
scale fatigue test should be at least two lifetimes predicated on civil opera- 
tional spectra. Higher factors but not to exceed four lifetimes may prove 
necessary as the test program evolves. The fatigue test should include 
application of a conservative loading spectrum in a humid environment, simu- 
lating actual flight vehicle usage in a realistic flight -by-flight sequence 
of loading. For each failure location it must be shown by full-scale or sub- 
component testing that the structure with an obvious partial failure will 
support the expected repeated loads and design limit load until detected oy 
the planned inspection program. 
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Residual strength determination should be made on the full-scale 
fatigue test article, under a humid environment. The residual strength 
so determined should be equal to or greater than the critical ultimate 
static load adjusted for material scatter, component static strength 
scatter, and any environmental degradation determined in the material 
and subcomponent tests which is not included in the full-scale fatigue 
tests. The regulations state that the structure shall be able to sustain 
ultimate static load throughout a service lifetime. This residual 
strength, then, is the strength level that the article must be able to 
sustain with deterioration present without endangering safety of flight 
or degrading performance of the article for a specified minimum period 
of unrepaired service usage. This includes loss of strength, loss of 
stiffness, excessive permanent deformation, or loss of control. 

A minimum of ten coupon specimens should be trimmed off the full- 
scale fatigue test article in the predicted failure location during fabri- 
cation. These specimens should be statically tested to determine where in 
the static structural distribution (determined from prior coupon and sub- 
component tests) the fatigue test article is situated. The material scatter 
can then be determined as being the difference between the fatigue test 
article static strength and the material "B” allowable providing the 
specimen is part of a redundant structure in which the failure of the 
element would result in the load being safely distributed to other load- 
carrying members. 


SPECIAL REQUIREMENTS 


As part of the function of the structure, crashworthiness aspects 
snould be considered. Assessment of composite capability to contribute 
to safety under crash conditions is needed, including consideration of 
energy absorption and fire characteristics. 

_ Boron and graphite filament organic matrix composites are susceptible 
to ligntning damage and do not dissipate P— static electrical charges nor 
provide electromagnetic shielding. Test evidence should demonstrate that 
advanced composite— faced honeycomb or laminated structures have been pro- 
vided with lightning strike protection for levels of intensity expected in 
service. Galvanic and other interactions between the basic structural 
material and materials added to cope with electrical charges should be part 
of the long-range reliability assessments. 

The environmental spectrum for this installation must consider randan 
occurrences such as hail and foreign object impacts as well as the long-term 
effects of factors such as aging, humidity, erosion, ultraviolet radiation, 
thermal and chemical deteriorations. This should take into account the 
effects of glycol, hydraulic fluid, fuel, and other generally used agents. 

To insure successful application of advanced composite structure, it is 
essential that a quality assurance program be established to provide a con- 
sistently sound structure. Quality control inspection reouirements are 
numerous. Incoming raw materials must be inspected for confoxnance to material 


specifications; in-process quality control must be established for conformance 
to processing specifications in the fabrication of the composite material; and, 
as a final check, some combination of destructive/nondestructive and proof 
testing of the finished material must be scheduled. Further tests are then 
required to inspect structures fabricated from composite materials. Suffi- 
cient testing of raw material must be performed to establish material uni- 
formity from batch-to-batch and within specific individual batches. 


CONCLUDING REMARKS 


Advanced composite material development has progressed considerately; 
however, there are several problem areas which must be addressed and 
resolved. Related aspects to consider in finalizing this basis include the 

following: 

1. Structural reliab ili ty is equal to or better than conventional 

designs in use today. 

2. Extensive evaluations of the material properties is needed to 

statistic all y establish minimum design allowables covering a 
wide range of properties. 

3. For large structural components , special emphasis must be directed 

to: 

a. Humidity effects 

b. Fuel wetting 

c. Adverse chemical composition effects 

d. Lightning protection 

e. Elevated temperature effects 

f. Hail and ablation 

g. Reproducibility of fabrication processes and quality controls 

h. Static tests to ultimate 

i. Fatigue evaluations under fail-safe and life concepts 

j. Inspectability of structure 

k. Detail design of load transfer areas and fittings. 

A, Extensive service experience is needed. The means wnereby thi- is 
attained must be identified. 

5. Development of reliable non-destructive testing methods is essential. 
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It is realized meetings of this type go a long way towards clarifying 
some of these issues, but well before major components such as the tail, 
wing, or pressurized fuselage are put into commercial sendee a fuller under- 
standing of this new technology is needed. It is contemplated therefore, that 
the exact certification basis will be an evolutionary program over the next 
decade, with need for periodic meetings between the FAA and key aviation 
specialists to further define the certification basis. 
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appendix a 


Tentative Special Conditions 


1. Add New FAR 25.307(e) 

For advanced composite primary structure, a program of _ ultimate 
tests performed in a humid atmosphere, which validates the original an 
residual strength for the major design loading conditions, is required. 

Supplemental tests are required to the exfc ®*£ ^ tested, 
validate the methods of analysis used for cond.oions an 
Where a program of subcomponent static tests m a humid atmosphere on 
new and Lvironmentally fatigued structure demonstrates that it is more 
critical to perform the ultimate static test on the fatigued article, 
the full scale ultimate load static test on the new structure may be 

waived. 

2. Add New FAR 25.307(f) 

For advanced composite primary stricture, a production proof 
inspection plan shall be established. The magnitude of the proof load 
employed shall be that of the critical design limit load condition adjusted 
to reflect material and component scatter, and the expected environmental 
repeated load degradation over a service lifetime. 

3 . For transport aircraft utilizing advanced composites in primary 
structure, the following applies in lieu of FAR 25.571 and FAR 5*573: 

a. Fatigue and Fail-safe Characteristics: 

The strength and design of the primary structure must be 
adequate to insure that the catastrophic failure in the service environment 
^der the expected repeated loads is extremely improbable. Primary structure 
consists o^that portion of the structure, failure of which could be cats- 
s trophic. 


b. Fatigue Evaluation Procedure: 

It must be shown by analysis, environmental repeated load tests, 
and static load tests (performed in a humid environment) 
structure, in conjunction with the inspection program, meets ^ ^^Thv 
of paragraph a . The probable failure locations must be determined y 
fatigue tests in subcomponent articles. The loading and . environmen al 
spectra used in these tests must be representative of critical types of 
operations. The effects of maneuvers, ground-air-ground cycles, gusts, 
landing and taxring pressure and temperature cycles, moisture ^orption, 
weathering, aging, fluid exposure (skydrol, anti -icing), sump . . ficant> 

nertinent environmental effects must be included m spectra, gni 

The expected static strengt’. dispersion of the composited structural com- 
ponents shall be detemined from these tests. All primary str “?‘”5 1 7^ d b ?,' ) 
evaluated to show compliance with paragraph a m accordance with ( 1 ) an (~) 


(1) It must be shown that adequate residual strength is provided 
to assure that any obvious partial failure will be detected before a hazardous 
condition develops. Thi 1 involves showing that the structure remains capable 
of supporting the expected repeated loading , temperature and environmental 
spectrum, and critical design limit loads in a humid environment without 
catastrophic results during the period after any obvious fatigue failure or 
partial failure has progressed to obvious proportions and prior to detection 
by inspection. 

(2) The durability of the structure shall be verified by a full- 
scale fatigue test, in a humid environment, the period of which shall be at 
least two lifetimes and for as much as four lifetimes unless shown to be 
inappropriate by the results of the overall test program. Fuel or a fluid of 
similar chemical constituency shall be included in the test if applicable 
The structure shall be able to withstand the repeated loads of variable 
magnitude of a typical loading spectrum expected in service. In the substan- 
tiation of ti e pressure cabin by fatigue tests, the cabin, or repr es entative 
parts of it, must be cycle - pressure tested, using the normal operating 
pressure plus the effects of external aerodynamic press”"* - combined with the 
flight loads. The effects of flight loads may be represented by an increased 
C »» ln P ressure ° r m ay be omitted if they are shown to have no significant 
effect upon fatigue. Upon completion of the fatigue test, a residual strength 
aetermination shall be made by conducting a static test employing the critical 
static design condition, on the full scale fatigue test article, repaired for 
obvious defects. The residual strength test shall be performed in a humid 
environment tc failure or to achievement of the residual strength goal. The 
residual strength goal is defined as the ultimate static design load adjusted 
upward for material scatter, component static strength scatter, and any 
environmental degradation determined in the material and subcomponent tests 
winch is not included in the full scale fatigue test. 

, O.) I , t . must be sh own by tests, by analysis, and supporting tests, 

or by the service Instory of airplanes of similar structural design and sonic 
excitation environment, that: 

(h) Sonic fatigue cracks are not probable in any part of 
the flight structure subject to sonic excitation; or 

(ii) Catastrophic failure caused by sonic fatigue cracks is 
not probable, assuming that the loads prescribed in paragraph (1) of this 
section are applied to all areas affected by those cracks. 

(4 ) The following apply as ultimate loading conditions: 

(-0 For a pressurized cabin, the normal operating pressures 
combined with the expected external aerodynamic pressures must be applied 
simultaneously with the flight loading conditions specified in paragraph (1) 
of this section; and 3 F ' v ' 

, . (Ti) The combined pressures set forth in subparanraph of 

tms paragraph multiplied by a factor of 1.33 must be applied to the pressur- 
ized cabin without any other load. 
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4- For transport aircraft utilizing advanced composites in primary 
structure, the following addition is made to FAR 25.531; 


paragraph 



For advanced composites primary structure compliance wit'. 
c * tr ‘ lr section must be shorn by analysis and tests that 


(1) An acceptable means of divertin'? the resultin’ electrical 
current has been incorporated, sc as not to endanger the airplane. 

5. For transport aircraft utilizing advanced composites in design of 
control surfaces, the following addition is made to FAR 25. 651 ; 


a Ultimate load tests of the advanced composite control surfaces 
are required. These tests must include the horn or the fitting to which the 
control system is attached. 


HIGHLIGHTS OF APPLICABLE REGULATIONS 

1. FAR 21.16 Special Conditions 

2. FAR 25.301 Loads including Flight Loads Survey 

3. FAR 25.307 Proof of Structure 

4. FAR 25.571 Fatigue 

5. FAR 25.581 Lightning Protection 

6. FAR 25.603 Materials 

7. FAR 25.605 Fabrication Methods 

8. FAR 25.613 Material Strength Properties and Design Values 

9. FAR 25.615 Design Properties 

10. FAR 25.629 Flutter 

or hi* General Design Criteria of FAR 25 Subpart D on Protection of Structure 
25.609, Accessability provisions (25.611), Special factors 25.619 (fitting) 

Bird Strike Damage, 25.631. 7 v 

12. Fuel tank provisions. 
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FAIL-SAFE DESIGN AND RELIABILITY IN 
COMPOSITE COMMERCIAL AIRCR AFT STRUCTURE 

by 

Dale S. Warren 


Douglas Aircraft Company 
McDonnell Douglas Corporation 


ABSTRACT 

A briet review ot principal tail-sale and reliability considerations for incorporation of fibrous 
composites in commercial aircraft structure is presented. The considerations include basic philosophy 
and current practices in fail-safe design of metal airframes, and relevant trends in the behavior of 
fibrous composites. Emphasis is on maintaining the present high level of safety of primary structure 
of commercial aircraft. 


INTRODUCTION 

Advanced composite materials otter a major structural weignt reduction, and the economic and 
sociological significance of this saving is compounded by the energy shortage. A potential saving of 25 
percent of structural weight in commercial jet transports may be expected. The resulting impact on 
direct operating cost (DOC ) is X to 12 percent (tor tuel at 65 cents per gallon), and perhaps even more 
important is a potential saving of a billion gallons of jet fuel in the U.S. annually. 

At this time, it appears that only the tollowing three significant problems stand in the way of realizing 
the benefits ot extensive use ot advanced composites in commercial aircraft structure: 

1. The technology is just emerging to the level that cost-competitive applications of advanced 
composites are feasible. However, as utilization increases, the unit costs will decrease and 
projections indicate that this problem will disappear. 

2. Many material problems unique to advanced composites have been solved, at least in principle. 
The list includes void control, machining, special test equipment, special analysis methods, 
alleviation ot local stress concentrations, lightning strike, and self-pressurizing tooling. Presently 
the 'last " basic materials problem is degradation due to moisture absorption. The industry is 
strongly focused on the moisture problem, and a practical understanding should be available 
soon. 

3. The "last” general problem is evolution of a means to assure an acceptable level of reliability. 
The requirement is a level of reliability as good as current airframes, as viewed by all concerned, 
primarily the manutacturers. operators, financing agencies, and passengers. The following 
paragraphs summarize the current approach and rc- "'f and describe some of the steps required 
to match the record ol today's commercial jet transpo.. fleet. 

PAGE BLANK NOT F 
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RELIABILITY OF COMMERCIAL JET FLEET 


Structural failures arc a minor factor in the accident record presented in Figure I. As recorded m the 
VVorld Airline Accident Summary found in the report of the C ivil Aviation Authority (CAA of the 
United Kingdom), only three accidents due to structural causes occurred during 20 vears of jet 
passenger service. Two of these three arc the well-known Comet accidents over the Mediterranean Sea 
and were the result of a previously unencountered phenomenon essentially unique to tile high eruisinn 
altitude ot jet aircraft. The third is listed by CAA as an "accident which resulted in substantial 
damage . however, the accident actually is testimony of success in fail-safe design. An undetected 
fatigue crack grew to critical length, last fracture and crack arrest occurred, and the aircraft landed 
safely without serious injury to passengers or crew. 


CAUSE 

NO. OF 
FAILURES 


FATIGUE 

3 


GUST OVERLOAD 

5 


FIRE 

5 


TOTAL 

13 


FIGURE t. AIRFRAME FAILURES (1954-1973) COMMERCIAL JETS - PASSENGER SERVICE (CAA) 


Many factors are important to the excellent record of safety of the commercial jet fleet as indicated 
in Figure 2. Design, manufacturing, and inservice phases are equally important in that failure in any 
phase can defeat the best efforts of other phases. The single most significant factor is probably a set 
of design criteria compatible with the factors of all three phases. 

CURRENT DESIGN CRITERIA AND PROCEDURES 

The design criteria used in commercial transport development are frequently misunderstood. The 
misunderstanding probably stems from the legal option to prove eertifieability by either fail-safe or 
sale-life analyses. As shown in Figure 3. the actual design criteria used today are three times 
redundant. For example, at significant ‘‘xpense as expressed by the increase in man-hours expended 
for tests listed in Figure 4. the DC-10 development program included the following measures: 

1. Working stress levels and design details were established by development tests to provide a 
crack-tree life of 20 years (and an economic life of 40 years). These features were verified by a 
full-scale fatigue test under flight-by-flight spectrum loading. 
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DESIGN * 


• EXTENSIVE TEST DATA — MATERIALS, JOINTS, ASSEMBLIES 

• SOPHISTICATED, PROVEN METHODS 

• “FORGIVING” MATERIAL (ALUMINUM) 

• LARGE TRAINED WORK FORCE 

MANUFACTURING * 

• EXTENSIVE MATERIAL/COMPONENT SUPPLY SYSTEM 

• LARGE TRAINED WORK FORCE 

• ELABORATE AUTOMATIC EQUIPMENT 

• EFFECTIVE QUALITY CONTROL 

IN-SERVICE * 

• STANDARD INSPECTION/REPAIR PROCEDURES 

• LARGE TRAINED WORK FORCE 

* COMPATIBLE DESIGN CRITERIA 

FIGURE 2. FUNDAMENTAL STRUCTURAL RELIABILITY FACTORS 


1. CRACK-FREE FOR ONE LIFETIME 

2. DETECTABLE CRACKS 

3. SLOW CRACK GROWTH 

4. FAIL-SAFE 

FIGURE 3. CURRENT COMMERCIAL AIRCRAFT CRITERIA (REDUNDANT STRUCTURE AND 
REDUNDANT CRITERIA) 



DC-8 

DC-9 

DC- 10 

MATERIAL PROPERTIES 

20 

— 

34 

DEVELOPMENT TESTS 

670 

74 

429 

COMPONENT TESTS 

250 

118 

196 

FULL-SCALE TESTS 

460 

262 

1866 


FIGURE 4. DOUGLAS COMMERCIAL JET STRUCTURAL TEST PROGRAMS (APPROXIMATE COST 
IN THOUSANDS OF MAN-HOURS) 


2. Extensive development testing was conducted to establish tapers, scallops, and fastener patterns 
in multilayer built-up joints so that the critical sections are in outside elements of the joints, 
thereby providing excellent inspectability. In addition, the cracks that developed during the 
full-scale fatigue test were monitored and cataloged to provide guidance for inservice inspections. 

3 . Based on tests of coupons, panels, and sophisticated components, materials and stress levels were 
selected to ensure crack growth rates that are slow relative to standard intervals for inspection of 
commercial passenger aircraft. Predicted rates were verified by monitoring crack growth durum 
the full-scale fatigue test. 


4. Materials, stress levels, reinforcement schemes, and fastener methods were selected on the basis 
ot extensive development testing to assure fail-safe strength. The fail-safe performance of the 
tinal design was veritied by realistic testing of sophisticated subcomponents representing the 
final design. 


UNIQUE FEATURES OF COMPOSITE MATERIALS 

Most material changes which have occurred within the recent history of aviation have been 
evolutionary as the aircraft industry progressed from one aluminum alloy to another. These material 
changes were readily accommodated within the existing criteria and procedures, and. in general, 
changes in criteria did not result from material changes. Advanced composite materials present a 
radical departure trom the material systems ot the past, and it is important to consider the new 
characteristics of the systems in order that they may be properly accommodated. The principal 
characteristics requiring technology advances are lack of service experience and brittle stress-strain 
characteristics. 

The lack ot service experience results in a general lack of specific knowledge concerning the 
susceptibility to damage from the service environment and repair procedures for damaged 
components. 

Figure 5 is a comparison of stress-strain date, for two representative composite patterns with 7075-T6 
aluminum. The curves show the complete lack ot' ductility in high-strength graphite epoxy. This 
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structure with the reliability of existing structures. In the interim, the existing criteria must be used 
with conservatism, backed by extensive testing and thorough inservice inspection. 

In addition to potential changes in criteria, basic differences can be expected in the basic 
design/verification procedures designated in Figure 8. First, the material allowables activity is 
significantly different for metal structures. A greater number of basic material properties are required 
and they must be generated from specimen tests. The specimen configurations are generally different 
and the data must be generated by each company since processing differences have fundamental 
impact on properties. 
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FIGURE 8. DESIGN/VERIFICATION PROCEDURES 


The structural analysis activities are changed considerably. The nonduetile and nonisotropie nature of 
the materials results not only in requirements tor new and modified methods but also tor higher 
quality analysis with more accurate results. In major fittings and splice areas shown in Figure 1 ), 
considerably more refined analyses are necessary in order to determine detailed stresses and bolt load 
distributions. Overall, it is anticipated that the structural analysis activities will increase from 35 to 75 
percent. Figure 10. 
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FIGURE 10. ANALYSIS ACTIVITY COMPARISON FOR A MAJOR COMPONENT 
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FIGURE 11. COMPOSITE AIRCRAFT STRUCTURAL TEST PROGRAM 
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Hif testing activities indicated in Figure 1 1 are increased over those required for metal structures not 
only because ot the differences in the materials but also due to the lack of service experience. The 
laxk ot service experience requires better simulation of the service environment for both static and 
tatigue tests to enable the structures to be qualified fora 20-year life, harlv components require more 
extensive development testing than will be needed after the basic forms of construction are 
established and significant service experience is available. The extensive development test program 
specified in Figure 12 lor the DC'- 1 0 graphite rudder program will be considerably less extensive on 
future components using similar construction. 


CONCLUSIONS 

Current commercial airframes have a high degree of reliability, and advanced composite structure 
must meet or beat this record to be acceptable for general use in primary structure. As an interim 
approach, advanced composites may be used by conservative application of existing criteria supported 
by extensive testing and special inservice inspection procedures. Effective general use requires 
significantly more service experience and criteria specialized for composites. With these advances and 
a competitive cost status, advanced composites will be used extensively in commercial jet aircraft. 


FAIL-SAFE DESIGN AND RELIABILITY IN COMPOSITE 


COMMERCIAL AIRCRAFT STRUCTURF 
By Robert E. Watson 
Boeing Commercial Airplane Company 


INTRODUCTION 


Dale Warren of McDonnell Douglas and I were asked to present industry views 
on fail-safe design and reliability using composites in primary structures 
of commercial aircraft. 

I would like to present my views by first reviewing relevant commercial air- 
craft criteria, the design philosophy we expect to follow, and then discuss 
some concerns and actions, such as the development testing, which must be 
accomplished before we can realistically expect to commit significant primary 
commercial aircraft structure using advanced composites. 


DESIGN CRITERIA AND APPROACH 


In commercial aircraft design we have two fundamental structural criteria - 
safety and durability. Obviously the first, safety, is of utmost importance. 
Safety in aircraft structure has been acquired through the efforts of many 
people thinking, developing, testing, and adjusting existing criteria where 
required from service experience, to insure structural safety. Engineers 
from both the military and civil sectors have contributed to the prefection 
of this criteria. 

In commercial aircraft design criteria we also have the option of designing 
to either "fail safe" or "safe life" criteria. All present day U.S. 
commercial aircraft are designed to the fail safe concept as defined in 
Figure 1. . To date I am not aware of any instance where this criterion has 
failed us. 

The second fundamental criteria which I believe all U.S. commercial manufac- 
turers use is one I will call durability. Commercial aircraft are designed 
for a useful life on the order cf twenty years and therefore many thousands 
of flight cycles. Just as in all good products bought today some form of 
warranty and service life policy is demanded of the manufacturers and we 
provide these. Therefore, vc must design as best we can to insure a minimum 
of in-service surprises and thereby maintain the economic risk to an 
acceptable level throughout the life objective. Significant testing is 
associated with assuring meeting our objectives. 


For any new structural concept I see no reason to alter our basic philosophy 
of design which has proven to be successful with the present forms of 
construction. As noted in Figure 2, we have built up over many years a 
design and analysis discipline in metal structures that has been verified by 
long term service operations. As we change over to composite structures we 
must follow these fundamental design philosophies but the work in composites 
to date has shown that full scale development programs are required to 
establish the detail design-analysis disciplines and service verification is 
essential for a production commitment in commercial aircraft. 

An example of this design/analysis discipline concern that must be under- 
stood is shown in Figure 3. To provide structural safety in these new 
structures we must design for damage containment. We all recognize the 
basic brittle nature of advanced composites so we must develop designs which 
recognize this characteristic and still provide the over-all damage tolerance 
and fail safety at least equivalent to what we have today in metal structures. 

Specifically, the FAA certification requirements we believe adequately provide 
for potential damage to the structure whether they be accidental service 
damage, inadvertent manufacturing defects, or service induced fatigue or 
partial environmental damage of the structure as shown in Figure 4. 

In metal structures we have used a combination of slow crack growth materials 
and multiload path methods tc obtain the necessary safety. We can see some 
new ways to go using these brittle fiber forms of construction, such as 
material tailorability, and we must perfect and demonstrate this capability. 

An example of this material tailorability to provide damage containment is 
shown in Figure 5. By a combination of "soft” strips incorporated in the 
structure we can alter the stress intensity thereby reducing the crack growth 
rate and permitting larger crack lengths to exist and still maintain fail 
safe strengths. This then would permit us to use the same sort of inspection 
controls used today in providing obvious partial failure inspection detection 
to prevent exceeding fail safe limits. 

Probably one of the most important known "unknowns" of a technical nature 
in the use of advanced composites is this problem of durability. Let's look 
at some of these concerns as shown in Figure 6. 

In metals we can, for example, analyze for fatigue failure locations. In 
advanced composites we have some new failure characteristics in the failure 
mode problem. Further, we have seen some evidence of environmental degrada- 
tion which may be greater, and is less understood as compared to metals. 

And, of course, we must satisfy our concern about the combination of these. 
These concerns are shown graphically in the lower portion of the figure. If 
not resolved they could be "show stoppers" for the use of composites in 
primary commercial aircraft structures. 

Figure 7 outlines some specific considerations when we tackle this problem 
of durability. In the past economic considerations have provided the 
necessary design controls and this will continue for this* new structure. And, 


of course, we must continue to provide the service life policies and design 
life goals of the past metal structures. 

As in all designs we must establish and follow some criteria. With advanced 
composites we must examine the existing criteria and alter it where required 
based on the new structural material behavior and characteristics envisioned. 
One of these is certainly an expansion or altering of the environmental 
criteria. What about water degradation? How much soaking should we use in 
the laboratory to simulate a realistic long life service environment? are 
some of the criteria considerations. 

Other concerns directly associated with the analysis and design discipline 
are the specifics of detail design of aircraft parts utilizing the full 
advantages of the characteristics of composites, not just substitution for 
metals. Although a number of structures have been designed and some are in 
service, this discipline of detail design is in its infancy and we are not 
yet ready for the commercial aircraft design without unacceptable private 
company risks. 

A lot of attention has been given to the fiber and its mechanical character- 
istics, but the role of the matrix in this structure is vital and therefore 
must be equally understood. We have used accelerated test methods in the 
past for metal structures and they have become standard. No standards have 
been established yet for accelerated environmental testing of composites. 

Designs using composites show a high payoff potential from several stand- 
points.' Not only do they show the possibility of the largest weight payoff 
in aircraft structures since we changed from spruce and fabric to aluminum 
structures, but they show promise of other potential benefits as shown in 
Figure 8. Due to the anticipated high cost of these fabricated structures 
we must make every effort to simplify the designs as shown in the figure. 

Not only could these simplified design ideas reduce fabrication costs, many 
also reduce the severity of the durability problem where past experience 
with ir.etal structures has shown a critical problem to be the intersection of 
structural members. In composites we see the potential to have a significant 
reduction in intersecting parts. 

Through material tailoring we can also see the potential of reducing stress 
concentrations around necessary cutouts and mechanical fastener installation 
by shunting the load around the mechanical joint where required. As we 
know the advanced composites today, they also have the potential of being 
easier to environmentally protect against corrosion characteristics of the 
metal structures. However, as mentioned before, we must ensure against 
unacceptable environmental degradation of the matrix in the composite 
structure. 

We have mentioned material tailorability in the use of composites. Figure 9 
shows graphically what can be done by altering the E of the structure in the 
vicinity of a cutout to reduce the effective Kj and thereby control the 
detail stresses within acceptable limits. 


Although it is impossible at this time to outline specifically all of the 
number and types of tests required to reach an acceptable risk production 
commitment for commercial aircraft structures. Figure 10 scopes the problem 
as we see it. The length of time to accomplish all of this is of course 
dependent upon many factors, some of which are outside the control of the 
technical community, such as funding. Experience has shown us that if we 
fail to understand the structure by overlooking some of the activities shown 
on the chart, we can get ourselves into serious trouble. The example of the 
7079 aluminum alloy forging is but one example of where we have failed in 
the past, We cannot afford to make this kind of mistake in the gross primary 
structure of commercial aircraft. 


SUMMARY AND RECOMMENDATIONS 


In summary. Figure 11, we believe that today’s existing fundamental criteria 
and design economics considerations are adequate to provide safety and 
durability guidance. We believe we recognize the material properties of 
concern and must pursue these to insure no "fatal flaws". As we develop 
more and more structures our design capability will be validated. Concur- 
rently we are accumulating service experience at an increasing rate. In 
commercial applications the service experience on secondary structures has 
been good to date and that encourages us to proceed with primary structural 
design development. 


It is recommended that we expand primary structural development as presently 
proposed by both the Air Force and NASA focusing on the items shown in 
Figure 12. We are certainly not completely in the dark on composite 
structures. We have used them in the form of fiberglass parts for years 
with generally good success. However, for primary structures using the 
high strength and generally more brittle fibers, we have a lot of ground to 
cover. Kith todays environment on product liability alone, the commercial 
aircraft manufacturer must understand the risks and be able to justify to 
not only our own company officials but to the customers and the certifying 
agency that we understand what we are doing and how the structure will 
perform throughout its expected life. The Boeing Commercial Airplane Company 
is prepared to step up to this challenge and has high confidence that the 
pioposed activities are the major steps leading to the commitment of advanced 
composite structures in a future commercial transport. 
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Figure 1.- Design criteria. 
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Figure 2.- Design philosophy. 
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Figure 3 - - Safety. 
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Figure 4.- Safety considerations. 
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Figure 5.- Safety - composite design. 
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Figure 6.- Durability. 


• ECONOMIC CONSIDERATIONS PROVIDE ADEQUATE DESIGN CONTROL 
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Figure 7-- Durability considerations. 


• COMPOSITES ENABLE DESIGN SIMPLIFICATION 
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Figure 8.- Durability - composite design. 
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MATERIAL TAILORABILITY PERMITS UNIQUE DURABILITY DESIGN 








• EXISTING CRITERIA AND DESIGN ECONOMICS CONSIDERATION 
ADEQUATE TO PROVIDE DESIGN SAFETY AND DURABILITY 

• MATERIAL PROPERTIES OF CONCERN RECOGNIZED 

• DESIGN POTENTIAL BEING VALIDATED 

• SERVICE DATA ACCUMULATING 

• SERVICE DATA (HISTORY) GOOD TO DATE 

Figure 11.- Summary. 


• PROCEED WITH EXPANDED PRIMARY STRUCTURE DEVELOPMENT 
PROGRAMS TO ALLOW: 

- FOCUSING ON DEVELOPMENT OF REAL DESIGN/ 

ANALYSIS DISCIPLINE NEEDS 

. - EXPOSURE OF ADDITIONAL ECONOMIC INFORMATION 

NEEDS 

- EXPANDED SERVICE EXPERIENCE ACCUMULATION 

Figure 12.- Recommendation. 
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STATISTICAL DESIGN CRITERIA 
By B. Walter Rosen 
Materials Sciences Corporation 


INTRODUCTION 


The critical design condition for aircraft structures may be 
the repeated application of a spectrum of loads, none of which, 
when applied separately, would produce static failure of the 
structure. Failure, under such conditions, may be viewed as the 
culmination of a process of gradual weakening of the structure. 

For this concept, the critical design parameter is time to failure, 
rather than structural strength; and design reliability is secured 
by life assurance rather than safety factor. When this approach 
is applied to composite structures, the multiplicity of potential 
failure modes associated with composites increases the complexity 
and decreases the confidence level of the design process. 

This lecture, which is a background statement for the panel 
discussion which follows, addresses some of the basic concepts 
associated with the prediction of lifetime for composite structures. 
The objective is to expose the underlying philosophy, rather than 
the detailed, specific, experimental and analytical methods and 
material models. This includes treatment of the philosophy 
inherent in the wearout design methodology. The aim is to high- 
light some of the problems associated with incorporating the 
problems unique to composite materials into the life assurance 
design criteria. 


DESIGN APPROACHES 


A design methodology may be built upon factors of safety, 
both for static load and for fatigue lifetime. For composites, 
the simple approach of using large factors of safety on static 
loads may well have the effect of assuring long lifetimes for the 
kinds of composite structures that we're presently designing. 

This approach can be used with statistically defined material 
allowables, to enable us to design the flight hardware needed to 
obtain practical service experience. However, the safety factor 
approach will encounter problems when there are local strain levels 
which are high enough to cause local material damage. These 
damage zones may experience significant growth during the lifetime 
of the structure. With our present limited understanding of 
composite damage growth, lifetime predictions are unreliable. The 
problems associated with lifetime predictions include not only 
the fact that we are dealing with a structure which has statistical 
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load histories and a significant degree of material variability, 
but also that this material variability influences the fatigue 
deterioration of material properties in a different manner than it 
influences material static strength. 

Thus, it becomes imperative that for lifetime prediction, we 
deal with probability of static failure and it*s consequences. 
Figure 1 presents a simple schematic superposition of a load 
exceedance curve and a material allowable probability density 
function. This is intended to convey the capability of predicting 
probability of failure when both of these statistical quantities 
are defined. The probability of failure being simply the probabil- 
ity that the stress (s) which results from a given load exceedance 
is greater than the allowable strength a. The complicating factor 
which becomes of exaggerated importance in composite materials is 
that the probability distribution function for allowable material 
strength g (a ) , varies with time, and in addition, it can be 
affected by environment so that our g (a) function becomes in 
actuality g (o,t). 

This effect is illustrated in Figure 2. This representation 
of time dependent strength shows the initial static strength 
distribution function at time zero and the changes in this function 
with lifetime. The changes result from the effects of repeated 
loads and environmental exposure. One can observe that at any 
particular point in time there will be a strength distribution 
function defined as residual strength, which will differ from the 
initial static strength distribution function. This deterioration 
of residual strength with time may eventually bring the material 
strength down within the applied load envelope thus causing what 
we commonly describe as a fatigue failure. Fatigue, in this 
terminology, is the reduction of the residual strength capability 
down to the applied stress levels. 


It is important to emphasize here that residual property 
characterization need not necessarily be limited to strength. In 
situations where stiffness critical design occurs it may well be 
^ deterioration of material stiffness; it may be a change in 
material damping characteristics; it may be a change in the 
susceptibility of the material to any of the various aspects of 
its environment that becomes the critical design factor. 


The prediction of failure at any point in time can be accom- 
plished if the residual strength distribution functions are known. 
Thus we define p(t) as the probability density function for failure 
of one member of the set. It follows, from the concept illustrated 
in Figure 1, that the failure probability is the intersection of 
the probability of experiencing a stesss and the probability of 
a stress causing failure. Thus: 


^m 


o (S) 

p(t) = j f (S) ' {( g [o(S),t]do}ds 

'o ' o 

and the cumulative distribution function is: 

t 

P(t) = J p (x)dT 
0 

From this, the reliability, R(T) , is defined by: 

R ( t ) = 1 - P(t) 

Hence, reliability is a function of time. 

If we define R n (t) as the probability of zero failures of n 
units, at time, t, we find: 

R n (t) = [R(t)] n 

Hence, if P n (t) is the probability of at least one failure of the 
set: 


p n (t) = 1 - R n (t) 

From this it follows that the probability distribution function 
for time to first failure: 

Pn !t) = 3t' ( 1 - [R<t)]n ] 

This indicates that in our statistical design criterion, the key 
variable is time to failure. We can translate the failure 
probability or the reliability of a structural element into a 
distribution function for time to first failure in a group of 
structures coming from that population. Given this distribution 
function, then we can do such things as determine the expected 
time to first failure, or any other measure which we desire to 
impose upon the lifetime variable. The expected time to first 

failure, t,, is defined by 

oo 

t, = ( t p n (t)dt 

This translation of static strength variability to lifetime 
prediction is the essence of what has come to be called "wearout" . 
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WEAROUT 


Wearout is a mathematical and physical residual strength 
model in which we quantify the concept that a load which do^s not 
produce failure in a single application can produce failure after 
multiple applications. The physical consequence of that fact is 
that there is an inherent deterioration of material properties; 
and in the case of composites, this is a measurable deterioration. 
The philosophy is that failure is caused by initially existing 
flaws; that these flaws extend in a known manner; that this 
increased flaw or damage size causes decreased material strength. 
Thus, the elements of this wearout model are first, a definition' 
of the initial defect geometry. This includes defect geometry 
which exists by virtue of design (such as holes, attachments, etc.) 
and defect geometry which exists as a consequence of the imperfec- 
tions of the manufacturing process. We must also know the 
material properties initially. Secondly, we must be able to 
define changes in both geometry and material properties as a 
function of lead and environment. Third, in order to define 
failure at any point in time, we must have a relationship between 
the strength and any possible instantaneous characterization of 
geometry and properties. These are the basic elements that one 
must deal with and these are the elements that have been dealt 
with very successfully in metal design, through the methodoioay 
of fracture mechanics. 

This methodology is illustrated schematically in Figure 3. 

The first sketch, upper left, suggests the fact that the initial 
static strength must be defined in a statistical sense. For 
metals, if we apply the concepts of fracture mechanics, there is 
a one to one correspondence between the size of the initial 

]£ 

defect, a, and the material strength, n, given by: a - c 

/""Fa" 

Here, k c , the critical fracture toughness is the material constant 

which makes this translation from flaw size to strength. The 
initial defect population changes when subjected to the total 
environment (which may include factors other than loading) and 
what happens is that we have a new statistical distribution of 
defects at any later time. The change in defect size is described 

for metals by a crack growth rule law: = ca 11 n > 1. 

This new statistical defect distribution can be retranslated back 
into a new strength distribution function using the fracture 
toughness relation. This leads to the residual strength char- 
acterization as a function of time, g(a,t). This is precisely 

the input that is necessary for the design criteria for lifetime 
prediction. 
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fashion or in a mode which reflects some additional local failure 
mechanism in the material. The existance or nonexistance of 
either of those modes of failure can change the character of the 
distribution function for the flaws. For a self-similar propagation, 
db = 0, we see the classical effect of the largest cracks growing 
fastest; the mean size of the flaw growing; and the dispersion 
in the flaw growing because the rate of growth is proportional 
to some power of the initial size. In the case of damage growth 
in the presence of secondary failure mechanisms, db = 0, there 
is something of a local blunting of some of the stress irregu- 
larities and this can serve to narrow the dispersion associated 
with the flaw distribution. Thus, although we get an increase 
in the mean flaw size, there will be a decrease in dispersion. 

The primary consequence of these multiple failure modes upon 
lifetime is that we may lose the ability to make the desired 
translation from static strength to lifetime. Figure 7 is a 
simple schematic representation of this problem. The initial 
static strength distribution function has been broken down into 
two separate distribution functions which add together to give 
the measured strength function. If these two failure mechanisms 
are of the two types shown in Figure 6, it is entirely conceivable 
that the change in dispersion of one failure mode can result in 
a situation where lifetime prediction will be governed by a 
mechanism of failure that differs from the one that governs the 
initial static strength distribution. Thus, the critical life- 
limiting defects may not be identified by initial proof testing. 

One cannot rule out the need to make additional nondestructive 
inspections, or perhaps even additional proof testing, after a 
portion of the lifetime environment has been experienced by the 
structure. 


CONCLUSIONS 


In summary, these comments are intended to support the view 
that there is a rational approach to lifetime assurance for 
structures. The development of this approach for composite 
structures is incomplete at this time. These shortcomings are 
compensated for in contemporary aircraft structural design by the 
use of conservative design approaches for static loads. This 
includes the use of low static allowables and fail safe design 
configurations. As we gain service experienced with the current 
composite structures, and as we advance our understanding of the 
failure process, we will be able to design for higher reliability, 
and better performance with longer life. 

Current mathematical models for lifetime prediction for 
composites are inadequate, although perhaps of transitory value. 
The existing wearout methodology is a desirable framework for 
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life assurance. However, when applied to composites, it must be 
modified because the initial static strength distribution does 
not define the initial flaw distribution in a unique fashion. 

This difficulty is a result of the existance of many different 
failure modes. In composites, defects grow at different rates 
and in different directions depending upon initial crack geometry 
and load history and environmental effects upon matrix properties. 
As a result of these characteristics of composites, static proof 
tests may not guarantee safe crack growth life. 

If we want to use the safelife design philosophy, we are 
going to have to move forward with developing an understanding 
of these failure mechanisms. We must also keep in mind that 
residual properties other than strength may become important at 
some later time in the service life. What this means is, that 
we are going to have to recognize that we are living with design 
criteria and qualification procedures which are inevitably going 
to change over a period of time as our knowledge increases. At 
the present time our shortcomings in the understanding of the 
growth of damage within a composite should be compensated for by 
the use of overly conservative design procedures. 
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Figure 6.- Changes in flaw distribution function. 
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DESIGN, FABRICATION, AND FLIGHT SERVICE EVALUATION 
OF COMPOSITE-REINFORCED C-l 30 CENTER WING 


By W. E. Harvill, Lockheed- Georgia Company , 
and H. Benson Dexter, NASA-LaRC 


SUMMARY 


The efficiency and longevity of selective reinforcement of metallic structures 
with boron-epoxy laminates is now being demonstrated by flight evaluation of two 
C-l 30 composite-reinforced center wing boxes. The first year's flight evaluation 
of these structures, which are being used by the U. S. Air Force in regular opera- 
tional service, has been completed and is summarized. Ground tests in support of 
the service utilization are reviewed, including static, fatigue, and ground vibration 
test results. Basic structural design/fabrication problems and solutions are discussed, 
including the achievement of minimum residual thermal stresses after bonding and the 
NDI techniques employed. Results of periodic service inspections are discussed, and 
tentative reliability projections for the composite-reinforced structure are defined. 

The information reported was generated by Lockheed- Georgia and NASA-LaRC 
personnel during conduct of Contract NAS1-1 1100, "Program for Establishing 
Longtime Flight Service Performance of Composite Materials in the Center Wing 
Structure of C-l 30 Aircraft," 


INTRODUCTION 


Application studies and development tests (References 1 and 2), conducted for 
NASA by Lockheed, showed that boron-epoxy composite laminates bonded to the 
skin panels and spanwise stiffeners of the C-l 30 aircraft center wing box signifi- 
cantly improved the overall fatigue endurance of the structure, at a lower weight 
than that possible if metal reinforcements were used to achieve the same endurance 
levels. These advantages are being demonstrated by designing, fabricating, and 
testing three boron-epoxy reinforced C-130H center wing boxes, in a five-phase 
program extending over 6 1/2 years. Fabrication was completed in late 1974; 
ground tests will be complete in early 1976; and flight service evaluations will 
continue into 1978. 
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The C-130 center wing box size and location are illustrated in Figure 1. The 
structural box is >1.2 m (440 in.) in length, 2.03 m (80 in.) in chord, and, in the 
all-metal configurations, weighs approximately 2243 kg (4944 lb.). The structural 
configuration of the center wing box consists of upper and lower surfaces that are 
reinforced with hat-shaped spanwise stringers, the forward and aft wing beams, and 
truss-type ribs. The configuration of the C-130H all-metal wing box, illustrated 
in Figure 2, Is applicable to all of the C-130 and L-100 series aircraft. 

The same structural arrangement was used for the composite- reinforced center 
wing box as for the all-metal box. The structural criterion for design of the 
composite— reinforced wing box was to provide sufficient metallic structure to support 
limit design loads. Reinforcement by adhesive bonding unidirecticno! boron— epoxy 
laminates to the wing surface panels and stringers provided additional strength for 
ultimate design loads (1.5 x limit load), and for required fatigue strength and stiff- 
ness. Composite reinforcements were used in the wing surface panels only; spars, 
ribs, and major joints were retained in the basic metal configuration. 

The final composite reinforcement concept, shown in Figure 3, satisfied all 
structural requirements. The boron-epoxy laminates were made from AVCO 5505 
Rigidite (8) , and were bonded to the metal adherends with AF 127—3 epoxy adhesive. 
Fasteners at the ends of laminates were provided to prevent initiation of peeling. 

Where fasteners were used, additional bearing strength was provided by titanium 
shims interleaved in the laminates. 

Although weight saving was not a major program goal, and was actually sub- 
ordinated to accomplishment of flight service program goals, it was, nevertheless, 
an important factor. Actual weighings of the completed wing boxes showed savings 
of 222 kg (488 lb.) for the test article and 205 kg (450 lb.) for the flight articles. 

This represents an average saving of 15 percent in the surfaces w lere a metal 
removed composite added ratio of 2.5 was achieved. Based on total wing box 
weight, a saving of better than nine percent was attained. 

Fabrication involved laying-up and curing boron-epoxy laminate reinforcements 
on an autoclave tool followed by adhesive bonding the cured boron-epoxy laminates 
to the spanwise stringers and wing surface panels. The laminate and metal adherends 
were bonded together on a massive steel tool, designed specifically to overcome the 
warpage problems inherent in elevated temperature bonding of materials with different 
thermal expansion properties. 

This special tool restrained the aluminum alloy, reducing its expansion during 
the curing operations. The reinforcing laminate was allowed to expand without 
restraint, to compensate for the slight tool expansion encountered due to some tool 
temperature changes. The resulting parts were essentially straight, indicating 


achievement of a practically stress-free bond line at room temperature. This achieve- 
ment eliminated assembly problems which might have been incurred if the bonded parts 
had not been straight. A schematic of the special restraint tool is shown in Figure 4. 

Assembly of the composite-reinforced components into the center wing box was 
accomplished without difficulty by C-130 production personnel, using normal pro- 
duction fixtures and techniques. In the first stage of this process, shown in Figure 5, 
the hat-section stiffeners were joined to the surface panels and to the production 
joint fittings to form a complete upper or lower surface. In subsequent operations 
ribs, spars, and trailing edges were installed to complete the box. Design and 
fabrication details are fully reported in References 3 and 4. 

Three C-130 center wing boxes were fabricated; two were installed on opera- 
tional aircraft, and one was used for extensive ground- testing. The C-1& aircraft 
on which the composite-reinforced center wing boxes are installed have successfully 
completed a full year of operational service. Ground tests and flight evaluations 
are discussed hereafter. 


TECHNICAL DISCUSSION 


Ground Vibration Tests 

Vibration tests were conducted on the first aircraft with the composite-reinforced 
center wing to verify analytical predictions that the existing aircraft flutter speeds 
had not been adversely affected by the modification. Accelerometers were attached 
to selected locations on the aircraft structure to measure amplitude vectors at each 
important resonant frequency. The overall vibration test set up is shown in Figure 6. 
For one set of measurements, the shakers were attached to the wing rear beam at 
each wing tip, and for the second set, the shakers were located at the aft end of 
each external fuel tank. 

The vibration test was conducted by making constant force frequency sweeps 
from 0.5 Hz to 50 Hz, symmetrically and asymmetrically, with the shakers located 
at the wing tip rear beams first, and then relocated to the aft end of the external 
fuel tanks. Plots of output acceleration versus frequency were made to identify the 
resonant frequencies. Also, a modal survey was made at each important resonant 
frequency using a roving accelerometer to make recordings at pre-selected locations 
on the structure. The resonant frequencies recorded during the vibration test were 
compared with results from a similar test on an aircraft with an all-metal center wing, 
it was concluded from the comparative results that the vibration characteristics of 
the two aircraft are essentially identical. 


Static Proof Load Tests 


The composite-reinforced wing test article was proof- loaded for the most critical 
of the design upbending and downbending conditions. The critical upbending con- 
dition was a symmetrical flight maneuver representative of a positive 2.5 g load 
factor. The critical downbending condition results from taxiing the aircraft with 
capacity wing fuel at maximum gross weight. Prior to applying four lifetimes of 
fatigue loading to the wing test article, critical upbending and downbending loads 
were applied to it. Upon successful completion of four simulated lifetimes of fatigue 
loading, the wing test article was successfully loaded to the critical upbending 
condition. Figure 7 shows the wing test article installed in the test fixture prior to 
conducting the first proof load test. 

The test article was instrumented with a mixture of axial, shear and rosette 
electrical resistance strain gages. A total of 337 gage elements were used. All 
rosette and shear gage installations included "back-up" gages for cancellation of 
bending strains. Loads were applied to the wing test article by hydraulic actuators 
in the test fixture that were electro-hydraulic servo-controlled and hydraulic servo- 
controlled with hydraulic power supplied by a pump system rated for continuous duty 
at an output pressure of 3000 psi. A calibrated dual-bridge load transducer was 
located in series with each actuator in each load control channel. One bridge of 
the transducer supplied feedback to the load control system, and the other was used 
for load monitoring and recording. 

Measured strains, taken during limit load tests before and after the four-lifetime 
fatigue endurance demonstration, showed a very close comparison. Thus, at loads 
up to the maximum upbending design load expected in service, there has been no 
apparent degradation in structural integrity. The comparison of "before" and "after" 
strains in Figure 8 illustrates the excellent agreement achieved. 

Fatigue Tests 

Four simulated lifetimes of fatigue loading were successfully applied to the wing 
article upon completion of the first upbending proof load test and the downbending 
proof load test. Spectrum loads were applied that were identical to those used for 
full-scale testing of the Model C-130 all-metal wing structure. Strain surveys and 
ultrasonic inspections were conducted at the beginning cf the fatigue test and after 
completing each lifetime. Pulse-echo techniques were the primary ultrasonic 
method used for this and subsequent ultrasonic inspections. In addition, local 
ultrasonic inspections were conducted after each load pass in areas of suspected 
disbonds detected after the proof load tests. No disbond propagation was found in 
four lifetimes of fatigue testing. 
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a. 


Saw cu, in the wing surface plonk ot the outer fastener hole in 
the composite reinforcement run-out area Fastener was reinstalled 
in the hole after saw cut. (See Figure 10.) 


b. Saw cut in the wing surface plank at the outer fastener hole 
in composite reinforcement run-out area. All fasteners 
were removed from the composite-reinforced run-out area, 
and the boron-epoxy laminate was disbonded from the end 
of the laminate to the most-inboard fastener location. 

c. A saw cut was induced through the lower wing surface skin 
panel in the aft edge of the access door cut-out that 
extended 0.25 cm (0.10 inch) into the access door fillet. 

(See Figure 11.) 

d. Adhesive bondline was disbonded on the inboard side of the 
access door cut-out from the composite reinforcement ter- 
mination to the first fastener. All fasteners were removed 
from the composite reinforcement run-out area. 

e. Adhesive bondline was disbonded on the inboard side of the 
access door cut-out from the composite reinforcement ter- 
mination to the first fastener. Fasteners were not removed 
from the composite reinforcement run-out area. 

f. A saw cut was induced through the lower wing surface skin 
panel between two stringers in the chordwise direction. The 
length of the saw cut extended across the uninterrupted dis- 
tance between flanges. (See Figure 12.) 

The artificially induced disbonds were ultrasonlcally inspected to establish a 
"baseline" of disbonded areas prior to initiating fatigue cycling. During the crack 
growth test, visual and ultrasonic inspections are being performed on the wing test 
article exterior surfaces after each load pass. During cycling, the saw cuts are 
being monitored to determine when they have reached critical proportions. When a 
saw cut has propagated to its calculated critical length, the cyclic loading will be 
suspended and a residual strength test will be conducted on the wing test article. 

If, at the end of the sixth load pass, none of the cracks have reached critical pro- 
portions, crack lengths will be extended to assure that at least one crack will reach 
its calculated critical length by the end of the tenth load pass. Cycling into the 
tenth load pass will be continued until one crack reaches the critical crack length or 
the tenth pass is completed. The damaged wing test article will be tested to failure 
or 130 percent limit design load, whichever occurs first, applying the critical up- 
bending load condition. 


Flight Service Evaluation 


ms 
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Lx to enter operational service has been inspected three times, and ^seco 
composite-reinforced center wing box has been mspecte twice. o ^ spec i- 

other irregularities were detected that exceeded the specf.cat.on limits. The spec 
fication limits for adhesive bond quality are: 


1 . The maximum allowable area of any individual disbond is 
0.5 square inch. 

2. Disbonded areas shall not exceed 5 percent of the tota I 
bonded area of each detail part. 

3. The distance between two adjacent disbonds shall not be 
less than four times the largest dimension of the largest 

disbond. 


4, No detectable disbonded areas shall be within 0.125 
inch of any bondline edge. 

The service evaluation has proceeded uneventfully thus far, and (based on ground 
te.t results) no difficulties ore anticipated. After successful completion of the initial 
three-year service evaluation, it would be desirable to continue man, taring I he 
operational experience for an extended period to verify the .ongevity of composite 
reinforced primary structures. 

Tentative estimates of structural reliability, based on an assessment of the 

the^ composite- reinforced structure will assure satisfactory achievement of propram 
goals. 
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CONCLUDING REMARKS 


Progress to date on the C-130 composite- reinforced center wing has shown this 
concept to be an efficient method for design and fabrication of primary aircraft 
structures. Using the conservative approach of designing the center wing metallic 
structural components to support design limit load, and adding composite reinforce- 
ments for satisfaction of other structural requirements, the resulting design weighed 
significantly less than the all-metal center wing. In the first year of operational 
service, no problems have developed with either of the two composite-reinforced 
center wing boxes. During this trouble-free operational period, no special considera- 
tions have been accorded to the two aircraft having the composite-reinforced center 
wings, and they have been used in routine operational service typical of other C-130 
aircraft. 


Ground tests, including proof load, fatigue, and ground vibration, have been 
successfully accomplished satisfying or surpassing all structural requirements. The 
successful completion of the four simulated lifetimes of fatigue loading on the 
composite-reinforced center wing test article allowed development of crack pro- 
pagation data using the composite-reinforced center wing test article for further 
tests. 
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Figure 1. C-130 Center Wing Box Location 
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2. Model C-130H Aircraft Center Wing Box 
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Figure 3. Composite Reinforcement Concept 
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Figure 4. Adhesive Bonding Restraint Tool 






Figure 7. Center Wing Box in Test Fixture 
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Figure 12. Saw Cut Between Stringers - Lower 
Surface at W. S. 180 
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BOLTED JOINT STATIC STRENGTH MODEL 

FOR 

COMPOSITE MATERIALS 
James R. Eisenmann 

General Dynamics Fort Worth Division 
ABSTRACT 

A method is presented for predicting the static strength 
of bolted joints in advanced composite materials. This strength 
model predicts failure load and failure location accounting for 
the effects of geometry, absolute fastener diameter, laminate 
orientation, and stress state. The approach is based on the 
now accepted observation that failure of advanced composite 
materials is modelled more closely by stress intensity than by 
absolute stress magnitude. Results of a series of forty-eight: 
static tests indicate excellent correlation of measured failing 
load and observed failure location with strength model predic- 
tions . 


SCOPE 

The technique proposed in Reference 1 for modelling the 
strength of notched composite laminates has been expanded into 
a form suitable for the analysis of a belted joint element. The 
approach consists of comparing values of laminate fra. ure 
toughness measured by test with values of the Mode I stress 
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intensity derived analytically at selected points on the bound- 
ary of the fastener hole. 

This technique can be applied to the analysis of complex 
joints on an element-by-element basis as shown in Figure 1. 

Each of these elements is subject to a general set of uniform 
membrane stresses and to a bolt load acting in some arbitrary 
direction with respect to the primary laminate axes as shown 
in Figure 2. Examination of many failed joint test specimens 
led to the selection of the eight locations shown on the hole 
boundary which will be included in this analysis . Failures 
were observed to initiate at or very near one or more of these 
eight points as through cracks propagating radially for a short 
distance before losing the distinct features of a through crack. 
Values of laminate strength and fracture toughness at these 
locations can be measured using tensile coupons and edge-notched 
beams fabricated such that they represent laminate properties in 
the direction tangent to the hole boundary as shown in Figure 3. 
Because of material symmetry, tests representative of points 1, 

2, and 3 are usually sufficient. A good discussion of fracture 
toughness test techniques, data reduction schemes, and extension 
of the edge-notched beam data to other laminates can be found 
in References 2 and 3. 

As discussed in Reference 1, once the laminate strength 
and fracture toughness have been determined the characteristic 


dimension, .1, can be calculated for ^ of ^ eight 
1 • 


locations. 
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e purpose of estimating the stress intensity at each 
ght locations on the hole boundary, the dimension a 1 

W1U ^ take " 38 th£ lengtH 3 «.<* extending radially 

outward from the hole boundary. The Mode I stress intensity is 

then calculated at each of #-h a . , 

of the eight locations for each of the 

five basic unit load conditions as indicated hv it, 

indicated by the example for 

location 2 as shown in Figure 4. 

Using linear superposi£ionj the expression for the 

intensity at location i can be written for rh 

tten for the general load case 

Kl = K ^tx + K I "ty + K l «■ 

tx ty ** I xy xy 


+ K I + 4 

Ibx b I hy h y 


*or any set of applied stresses the stress intensity at 
Point i can be calculated and compared to the corresponding value 
of fracture toughness. The failure criterion is 


V. 

An alternate form of Equation (2) whi u u 

4 acion (2) which has proven useful 

is obtained by expressing the stress ini- 

8 treSS lnte nsity resulting from 

a unit applied stress as 
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(4) 


K-£ - Jlra. f(|). 

Substituting Equation (4) into Equation (2) gives 


- f<4> + f<4> 

r tx *X r , 


+ f (“) o- + f(2-) or + f(^-) 

r ' x y bx k r' 


In this form the function f(^) appears as an "effective stress 
concentration factor" giving rise to an "effective tangential 
stress" at the hole boundary, The failure criterion for 

this form of the equation is 

o- 1 = cr x ult 

In practice it is often more convenient to calculate values of 
stress intensity, or of f(^), for an infinitely large plate 
and apply finite width correction factors to account for the 
finite boundaries of the rectangular joint element. Equation (5) 
is then rewritten as: 


a 1 • A 

\ _ , V 1 i- y-a . 
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tx y ty 
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A test program has been conducted to assess the usefulness 
of the bolted joint strength model as developed here. Correla- 
tion between the strength model and the test data will be dis- 
cussed in the next section. 

CONCLUSIONS AND SIGNIFICANCE 

A series of forty-eight graphite-epoxy coupons were tested 
to static failure at room temperature. The test fixture had 
provisions for apportioning the load between axial tension acting 
throughout the coupon and local bearing load introduced in 
double shear by a 0.375 inch diameter untorqued fastener at the 
center of the coupon. In fabricating the test coupons, the 
[O 2/+45 j c laminate was oriented at an angle with respect to the 
applied axial tension and bearing loads. In this way it was 
possible to simulate biaxial tension, shear, and biaxial bearing 
stresses acting on an element in the vicinity of the fastener as 
shown in Figure 5. The test series included laminates oriented 
at 0°, 22.5°, 45°, and 67.5° with respect to the applied load 
axis. Bearing loads equal to 0, 30, 50, and 100 percent of the 
total load were applied to the coupons. Three coupons were 
tested at each combination of bearing load and laminate orienta- 
tion. The test results are summarized in Table I and plotted 
in Figures 6 through 9. For this test series the critical 
failure locations were 1, 2, 3, 7, and 8. The applied stress 
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required to cause failure at each of these locations as predicted 
by Equation (7) is plotted as a solid line. The lowermost 
boundary of this family of curves represents the failure envelope 
for the coupon describing both the applied stress at failure and 
the location of the failure on the hole boundary. The data for 
the laminate oriented at 0° are shown again in Figure 10 to 
demonstrate the interaction between tension stress and bearing 
stress more clearly. As shown in Figure 11, the measured fail- 
ing stresses agree very well with the strength model predictions 
for all four load ratios. Likewise, the predicted failure loca- 
tions are included within the set of observed failure locations 
tabulated in Table I. 

The strength estimation technique developed here is only a 
first step toward a thorough understanding of composite mech- 
anical joints. It does, however, provide for the first time a 
single approach which relates the effects of geometry, applied 
stress state, and laminate mechanical properties to the strength 
of a composite bolted joint. 

SUPPLEMENTARY INFORMATION 

Stress intensities for each load case shown in Figure 4 
were obtained numerically for several values of crack length 
using the boundary integral equation solution technique 

(References 4 and 5). The expressions in Table II were then 
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obtained by curve-fitting the numerical results and are applica- 
ble to infinite isotropic elements. In order to correct these 
isotropic results for use with orthotropic elements, the elastic 
stress concentration factors for holes without edge cracks are 
used to form an orthotropic correction factor for each load 


case and crack location. The elastic stress concentration 
factors for open holes (Reference 6) and holes loaded in bearing 


(Reference 4) are given in Table III in terms of the engineering 
constants for the orthotropic laminate. These values are used 
in Table IV to form the orthotropic correction factors as follows. 
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The effect of the correction factor defined by the expression 
in braces in Equation (8) is to insure the two conditions: 

f(f\ - 1.13 Kt* for ^ =0.0, 
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where (|L) is the denominator of the expression for B2 in 
Table IV. ^he correction factor should only be applied for 
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The values of f(~) a obtained in this manner are inexact 
in that the boundary conditions at the hole which were assumed 
for the analysis are not those which actually exist in the 
application. Analysis for the tension and shear load cases 
assumes no applied stresses or specified displacements on the 
hole boundary when in fact the presence of the fastener in the 
hole alters both the deformation and state of stress nearby. 
Similarly the analysis of the two bearing load cases was based 
on the assumption of a cosine distribution of radial stress to 
represent the bearing load. Here the presence of the fastener 
affects the displacement of the hole boundary and the shape of 
the applied bearing load distribution. Discrepancies between 
analytical predictions and test results for the individual load 
cases were noted, and the empirical constants B4 in Table IV 
were included to correct for effects beyond the capability of 
the current analysis. It is recommended that the values of 
these constants be updated whenever test data for the individual 
load cases is available. 

Tables V and VI provide typical values of radial crack 
length and unnotched laminate strength, respectively. These two 
tables are applicable to Narmco 5208/T300 laminates of the 
0^/(+45)j] family for room temperature, dry conditions where 
10 < PC TO < 50. 


Tables VII through XIX provide values of finite width 
correction factors, X* , for the [o./(±45)j] family of ortho- 
tropic laminates. The correction factors were obtained in the 
same manner as those discussed in Reference 4. Although the 
engineering constants for boron-epoxy were used m generating 
these correction factors, they will be approximately correct 


for other material systems if interpolation within the tables 
is based on the value of Kt* for the material system of interest 
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SYMBOLS 


K 


ult 

i 


Kt 


a 


a 

f(— ) 

r a 


A a 1 

f(— ) 
r a 


a 


Hole radius 

Value of crack length used to calculate stress 
intensity at location i 

Unnotched laminate ultimate strength in tangential 
direction a: location i 

Laminate fracture toughness corresponding to radial 
crack propagation at location i 

Elastic tangential stress concentration factor at 
location i for applied load condition a 

Mode I stress intensity at location i for applied 
load condition a 

Effective orthotropic stress concentration factor 
at location i for applied load condition a 

Effective isotropic stress concentration factor at 
location i for applied load condition a 

Finite width correction factor at location i for 
applied load condition a 


or Applied stress for load condition 

o Subscript denoting applied load condition as follows 


= tx tension in x-direction 
= ty tension in y-direction 
= xy shear 

— bx bearing in x-direction 
= py bearing in y-direction 


E x ,E y ,G xy » 


xy 


Engineering constants for orthotropic laminate 


57 £ 


J e 


Laminate modulus in tangential direction at locations 
2, 4, 6, 8; 


E = 4 

e 


,l-2v 

( EL 


x 



1 ) 


-i 


xy 


PCTO, PCT45 Percentages of 0-degree and +45-degree plies in 

orthotropic laminate 
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Table I TEST DATA SUMMARY 
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67.5 


Table II EFFECTIVE ISOTROPIC STRESS 
CONCENTRATION FACTORS 


2,4, 6,8 

2 , 4 , 6, 8 

x 3,7 
1.5 

xy I 2, 4, 6, 8 


f<f“> 


* L 1 

-0.16 + 0.095 (“) + 0.97 exp [-4.169(|-)j 


minimum va lue : 0.0 


0.73-0.14(^— ) + 0.40 exp [-3.689(^->] 

minimum value: 0.5 


{ o . 2949 + 0 . 7051 ( f -)/ [ l +(“) 1,2 ] 


*1.2 1 .8333 l -1 


minimum va lue : 1.0 


.682 f(o.2949^.7051(| i )/[u-<| i ) l - 2 ]' 8333 )' 1 -l-o]+0-' 

*• A C 


minimum value: 0.5 


1 i-a\l/3 


0.452-0.085 2 -0.171(— ) 

minimum value: 0.0 


x r a 1 i 

0.406-0. 116 (~)+0. 447 exp [ -4.344(— ) j 

minimum value: 0.0 


0. 370-0. 070(|-)-K>. 545 exp [ -4.914 ) ] 
minimum value: 0.0 






























Table IV ORTHOTROPIC CORRECTION FACTORS 



No Correction Required 













































Table V RADIAL CRACK LENGTH 


1,5 

2 , 4 , 6, 8 
3,7 


a (inches) 

0.210 - 0. 0 0178 (PCTO) 

0.0658 - 0 . 0008 1 ( PCT45 ) + 0.381 x 10‘ 5 (PCT45) 2 

0.184 - 8.66 x 10" 3 (PCTO) + 2.04 x 10' 4 (PCT0) 2 
- 1.77 x 10” 6 (PCTO) 3 


Table VI UNNOTCHED LAMINATE STRENGTH 


! T 


1,5 

Tension 


Comp . 

2, 4, 6, 8 

Tension 

Comp. 

3,7 

Tension 

Comp. 


<r ult (pSi) 


20100 + 697(PCTO) - 12.82 (PCTO)' 
0.0132 Ey 

0.0047 E g + 526 (PCT45) 

0.0132 E 


0.00976 E 

> 

0.0132 E 






Table 

VII \ 

" i=l 

tx 

,5 





r ~ 

i 

| 



Kti i 

tx 

=1,5 




- T 

E/D 

w/d ; 

2.00 I 
2.50 j 
3.33 | 

5.00 i 
10.00 

-.30 

-.38 

-.46 

-.55 

-.66 

-.80 

-1.00 

1.28 

1.26 

1.23 

1.11 

.98 

2.00 

2.00 

2.00 

2.00 

2.00 

2.60 

2.40 

2.17 

1.97 

1.87 

1.95 

1.79 

1.60 

1.45 

1.39 

1.74 

1.63 

1.46 

1.30 

1.24 

1.62 

1.53 

1.38 

1.24 

1.16 

1.52 

1.45 

1.33 

1.18 

1.11 

1.43 

1.38 

1.30 

1.14 

1.06 

2.50 

2.50 

2.50 

2.50 

2.50 

i 

2.00 j 
2.50 j 
3.33 ' 
: 5.00 
10.00 

2.10 

1.97 

1.80 

1.63 

1.53 

1.63 

1.55 

1.42 

1.29 

1.24 

1.52 

1.43 

1.35 

1.22 

1.15 

1.45 

1.38 

1.31 

1.18 

1.09 

1.41 

1.33 

1.26 

1.15 

1.06 

1.35 

1.28 

1.24 

1.14 

1.03 

1.25 

1.19 

1.18 

1.12 

.99 

3.33 

3.33 

3.33 

3.33 

3.33 

; 2.00 
j 2.50 
i 3.33 
! 5.00 
10.00 

1.73 

1.60 

1.50 

1.37 

1.30 

1.47 

1.37 

1.29 

1.18 

1.11 

1.41 

1.30 

1.24 

1.15 

1.07 

1.38 

1.27 

1.20 

1.13 

1.05 

1.36 

1.26 

1.18 

1.12 

1.03 

1.33 

1.23 

1.16 

1.11 

1.01 

1.24 

1.12 

1.13 

1.11 

.97 

i 5.00 
1 5.00 

5.00 
* 5.00 

; 5.oo 

i 

; 2.oo 

i 2.50 
3.33 
5.00 
•0.00 

i 

1.53 

1.37 

1.27 

1.20 

1.13 

1.39 

1.26 

1.16 

1.11 

1.05 

1.37 

1.24 

1.15 

1.09 

1.04 

1.36 

1.24 

1.15 

1.07 

1.02 

1.35 

1.23 

1.14 

1.08 

1,02 

1.31 

1.21 

1.13 

1.06 

1.01 

1.20 

1.11 

1.11 

1.06 

.99 

! 

! 7o0° 

i %+45° 

100 

0 

83.4 

16.6 

66.7 

33.3 

50 

50 

33.3 

66.7 

16.6 

83.4 

0 

100 


Table VIII 

tx 


i=2,4,6 ,8 


Kt* 

tx 


i=2 ,4 , 6 , 8 


1 


l 



E/D 

W/D 

j 

2.00 

! 2.00 

2.00 

2.50 

2.00 

i 3.33 

2.00 

5.00 

2.00 

j 10.00 

2.50 

; 2.00 

2.50 

2.50 

2.50 

i 3.33 

2.50 

5.00 

2.50 

10.00 

3.33 

2.00 

3.33 

2.50 

3.33 

3.33 

3.33 

5.00 

3.33 

j 

10.00 

5.00 

2.00 

5.00 

2.50 

5.00 

3.33 ! 

5.00 

5.00 ! 

5.00 

10.00 

Z 0 ° 


%+ 45 ° 



.11 .25 

1.65 1.04 

1.88 1.32 

2.12 1.48 

2.18 1.60 

2.24 1.64 

1.18 .84 

1.41 1.08 

1.59 1.20 

1.71 1.32 

1.76 1.36 

.88 .72 

1.12 .92 

1.24 1.04 

1.35 1.12 

1.41 1.16 

.71 .68 

.88 .88 
1.00 1.00 

1.12 1.04 

1.18 1.08 


100 83.4 

0 16.6 


•35 .49 

.89 .84 

1.14 1.06 

1.29 1.18 

1.37 1.27 

1.40 1.29 

.77 .78 

•97 .98 

1.11 1.08 
1.20 1.14 
1.23 1.16 

.71 .76 

.91 .94 

1.03 1.02 

1.09 1.06 

1.11 1.10 

•71 .76 

.91 .94 

1.00 1.02 

1.03 1.04 

1.06 1.06 


66.7 50 

33.3 50 


.71 

1.14 

.86 

.91 

1.06 

1.09 

1.15 

1.17 

1.21 

1.19 

1.23 

1.18 

.82 

.89 

.99 

1.05 

1.08 

1.11 

1.13 

1.13 

1.14 

1.13 

.82 

.89 

.97 

1.04 

1.04 

1.08 

1.07 

1.10 

1.08 

1.10 

.82 

.91 

.99 

1.05 

1.04 

1.09 

1.06 

1.08 

1.06 

1.08 


33.3 

16.6 

66.7 

83.4 


2.61 

1.11 

1.27 
1.29 

1.28 

1.25 

1.13 

1.23 

1.23 

1.21 

1.21 

1.07 

1.26 
1.21 
1.16 
1.20 

1.13 

1.26 

1.25 

1.15 

1.16 


0 

100 
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Table IX 


1 - 3,7 


i = 3,7 


E/D 

4 

W/D 

2.00 

2.00 i 

2.00 

2.50 ! 

2.00 

3.33 

2.00 

5.00 ! 

2.00 

10.00 ! 

j 

2.50 

j ! 

1 2.00 

2.50 

2.50 

2.50 

3.33 i 

2.50 

5.00 j 

2.50 

10.00 ; 

j 

3.33 ! 

2 .oo : 

3.33 

2.50 ! 

3.33 ; 

3.33 i 

3.33 

5.00 

3.33 ; 

10.00 | 

5.00 

2.00 ■ 

5.00 * 

2.50 I 

5.00 

3.33 

5.00 s 

5.00 

5.00 

10.00 


8.24 5.27 4.17 


1.37 

1.31 

1.28 

1.26 

1.24 

1.31 

1.24 

1.20 

1.19 

1.18 

1.27 

1.18 

1.14 

1.12 

1.11 


1.38 

1.30 

1.24 

1.21 

1.19 

1.33 

1.24 

1.19 
1.16 

1.14 

1.30 

1.20 

1.14 

1.11 
1.10 


1.39 

1.28 

1.22 

1.17 

1.14 

1.35 

1.23 

1.17 

1.13 

1.10 

1.34 

1.20 

1.13 

1.09 

1.07 


3.47 

1.42 

1.28 

1.20 

1.15 

1.12 

1.39 

1.24 

1.16 

1.12 

1.08 

1.39 

1.23 

1.14 

1.09 

1.06 


2.91 

2.39 

1.77 

1.47 

1.56 

1.85 

1.30 

1.34 

1.49 ! 

1.21 

1.22 

1.27 I 

1.14 

1.14 

1.16 ! 

1.09 

1.07 

1.05 ! 

1.46 

1.56 

1.83 ' 

1.27 

1.32 

1.46 

1.17 

1.19 

1.24 

1.12 

1.12 

1.14 

1.07 

1.05 

1.05 

1.45 

1.56 

1.86 ; 

1.26 

1.32 

1.48 : 

1.15 

1.17 

1.24 

1.09 

1.10 

1.12 

1.05 

1.04 

1.04 


% 0 ° 

%+ 45 ° 


1.30 

1.18 

1.11 

1.07 

1.06 

1.34 

1.20 

1.11 

1.06 

1.05 

1.39 

1.22 

1.12 

1.07 

1.04 

1.46 

1.26 

1.14 

1.07 

1.04 

1.56 

1.32 

1.17 

1.08 

1.03 

83.4 

16.6 

66.7 

33.3 

50 

50 

33.3 

66.7 

16.6 

83.4 


1.85 

1.49 

1.25 

1.11 

1.03 


Table X 


A 


i 

bx 


i = 1 


■1 






Kt i 

bx 

i - 1 




E/D 

W/D 

► 

1.28 

! 

• 

00 

.57 

.39 

.18 

-.13 

-.67 | 

2.00 

2.00 

.91 

.89 

.86 

.80 

.56 

1.54 

1.00 1 

2.00 

2.50 

.86 

.84 

.79 

.72 

.39 

1.69 

1.04 j 

2.00 

3.33 

.83 

.84 

.79 

.69 

.33 

1.92 

1.12 1 

2.00 

5.00 

.82 

.86 

.84 

.80 

.56 

1.54 

1.09 

2.00 

10.00 

.83 

.89 

.91 

.92 

.89 

.92 

.93 : 

2.50 

2.00 

1.00 

.98 

.95 

.90 

.67 

1.46 

1.00 

2.50 

2.50 

.95 

.92 

.90 

.85 

.61 

1.54 

1.04 

2.50 

3.33 

.91 

.90 

.86 

.80 

.50 

1.62 

1.07 

2.50 

5.00 

.88 

.90 

.88 

.82 

.56 

1.62 

1.12 

2.50 

10.00 

.89 

.94 

.95 

.95 

.89 

1.08 

1.00 

3.33 

2.00 

1.07 

1.04 

.98 

.90 

.67 

1.54 

1.03 

3.33 I 

2.50 

1.02 

1.00 

.97 

.90 

.67 

1.54 

1.06 

3.33 

3.33 

.97 

.96 

.95 

.90 

.72 

1.46 

1.07 

3.33 , 

5.00 

.95 

.95 

.93 

.87 

.67 

1.46 

1.09 

3.33 

10.00 

.94 

.96 

.97 

.95 

.83 

1.15 

1.04 

i 5.00 

2.00 

1.11 

1.05 

1.00 

.92 

.67 

1.54 

1.06 

i 5.00 

2.50 

1.06 

1.03 

.98 

.90 

.67 

1.46 

1.03 

! 5.00 

3.33 

1.02 

1.00 

.98 

.92 

.72 

1.46 

1.07 

j 5.00 

5.00 

.99 

.99 

.98 

.95 

.78 

1.31 

1.07 

1 5.00 
j ” 

10.00 

.97 

.99 

.98 

.95 

.83 

1.23 

1.06 

%o° 


100 

83.4 

66.7 

50 

33.3 

16.6 

0 

; 7 o + 45 ° 

_ 

0 

16.6 

33.3 

50 

66.7 

83.4 

100 
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Table XI 


^ bx * ~ 2,8 


L e/d _ 

2.00 

2.00 

2.00 

2.00 

2.00 

2.50 

2.50 

2.50 

2.50 

2.50 

3.33 

3.33 

3.33 

3.33 

3.33 

5.00 
5.00 
5.00 
: 5.00 
* 5.00 | 


! %o° 

i %+ 45 ° 


Kt 



2,8 


W/D 

00 

CM 

• 

1 

2.00 


2.50 

.07 

! 3.33 

| j 

.11 

5.00 

.11 

10.00 j 

j 1 

.11 

2.00 ! 

.21 

2.50 S 

.32 

3.33 ! 

.39 

5.00 

.43 

io.oo ; 

j 

.43 

2.00 i 

.36 

2.50 ! 

.50 

3.33 ! 

.57 

5.00 1 

.64 

10.00 ! 

| 

.64 

2.00 i 

.47 

2.50 i 

.61 

3.33 j 

.72 

5.00 ! 

.79 

10.00 ' 

.82 


•04 .24 

5.75 1.67 

5.75 1.71 

5.75 1.71 
6.00 1.83 
6.50 1.92 


4.75 

1.54 

4.50 

1.54 

4.25 

1.50 

4.25 

1.54 

4.50 

1.63 

4.25 

1.54 

3.75 

1.46 

3.25 

1.38 

3.00 

1.33 

3.25 

1.38 

4.25 

1.54 

3.50 

1.46 

3.00 

1.38 

2.50 

1.29 

2.25 

1.25 


.44 

.70 

1.34 

1.24 

1.36 

1.27 

1.41 

1.30 

1.45 

1.34 

1.55 

1.41 

1.29 

1.23 

1.29 

1.24 

1.29 

1.23 

1.32 

1.24 

1.36 

1.28 

1.30 

1.23 

1.27 

1.23 

1.25 

1.20 

1.20 

1.17 

1.23 

1.18 

1.30 

1.23 

1.27 

1.23 

1.23 

1.20 

1.18 

1.16 

1.13 

1.13 


1.16 

2.60 

1.21 

1.31 

1.25 

1.37 

1.27 

1.34 

1.30 

1.36 

1.35 

1.40 i 

i 

1.21 

1.33 ■ 

1.23 

1.34 j 

1.22 

1.30 ; 

1.22 

1.27 ! 

i . 26 

1.30 , 

1.20 

1.27 

1.23 

1.35 ; 

1.21 

1.28 i 

1.17 

1.22 ' 

1.18 

1.22 ! 

1.20 

1.27 

1.23 

1.35 

1.20 

1.27 

1.15 

1.21 | 

1.12 

1.15 ! 


100 83.4 66.7 50 

0 16.6 33.3 50 


33.3 16.6 0 

66.7 83.4 100 | 


Table XII A* i = 3,7 
bx 


Kti i = 3,7 
bx 


1.72 1.28 .99 


i 



i %0° 100 

%+ 45 ° 0 


2.34 

2.44 

2.66 

2.11 

2.11 

2.20 

1.99 

1.93 

1.95 

1.89 

1.80 

1.78 

1.83 

1.70 

1.65 

2.23 

2.38 

2.62 

1.96 

1.99 

2.11 

1.81 

1.77 

1.82 

1.72 

1.65 

1.65 

1.66 

1.55 

1.52 

2.18 

2.35 

2.61 

1.87 

1.94 

2.09 

1.67 

1 . 66 

1.74 

1.36 

1.51 

1.53 

1.49 

1.42 

1.40 

2.17 

2.35 

2.61 

1.83 

1.93 

2.08 

1.59 

1.63 

1.72 

1.42 

1.42 

1.45 

1.34 

1.30 

1.29 

83.4 

66.7 

50 

16.6 

33.3 

50 


.77 

.56 

.31 

2.96 

3.56 

5.75 

2.34 

2.68 

3.90 | 

2.00 

2.16 

2.81 ! 

1.78 

1.86 

2.22 

1.61 

1.61 

1.77 

2.94 

3.56 

5.61 

2.28 

2.64 

3.88 

1.88 

2.05 

2.71 

1.66 

1.73 

2.06 i 

1.49 

1.50 

1.68 ' 

2.94 

3.54 

5.71 

2.27 

2.62 

3.87 

1.82 

2.02 

2.68 ! 

1.54 

1.63 

1.94 

1.39 

1.41 

1.55 

2.94 

3.54 

5.61 

2.27 

2.62 

3.91 

1.82 

2.02 

2.68 

1.49 

1.57 

1.90 

1.28 

1.30 

1.42 

33.3 

16 . 6 

0 

66.7 

83.4 

100 
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Table XIII X 


i = 1,5 


! 

E/D 

W/D 

2.453 

Kt t 

ty 

2.358 

i - 1,5 
2.260 

2.111 

1.770 

2.0 

2.0 

1.187 

1.194 

1.202 

1.213 

1.235 

i 

2.0 

4.0 

1.125 

1.138 

1.154 

1.180 

1.215 

2.0 

6.0 

1.109 

1.114 

1.121 

1.135 

1.184 

t 

2.0 

10.0 

1.108 

1.113 

1.119 

1.129 

1.180 

3.0 

2.0 

1.143 

1.154 

1.168 

1.185 

1.210 

3.0 

4.0 

1.077 

1.086 

1.093 

1.099 

1.123 

3.0 

6.0 

1.060 

1.066 

1.074 

1.086 

1.099 

3.0 

10.0 

1.049 

t 

1.052 

1.054 

1.057 

1.084 

4.0 

2.0 

j 1.143 

1.151 

1.159 

1.166 

1.180 

j 4.0 

4.0 

1.061 

1.066 

1.070 

1.072 

1.078 

i 

1 4.0 

6.0 

1.047 

1.054 

1.060 

1.065 

1.064 

; 4.0 

10.0 

1.045 

1 . 050 

1.055 

1.060 

1.050 

7 o 0 ° 

^ 7 o + 45 ° 

i 


66.7 

33.3 

50.0 

50.0 

33.3 

66.7 

16.6 

83.4 

0 

100 
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Table XIV 


^ty i = 2, 4, 6, 8 




Kt 1 

ty 

1.768 

i = 2,4 

00 


r 

E/D I 

n 

W/D 

1.639 

1.880 

2.059 

2.610 

2.0 

2.0 

1.407 

1.440 

1.491 

1.578 

1.750 

2.0 1 

i 

4.0 

1.074 

1.091 

1.113 

1.149 

1.284 

2.0 | 

6.0 

1.046 

1 

1.061 

1.076 

1.098 

1.196 

2.0 1 

10.0 

1.045 

1.062 

1.081 

1.114 

1.200 

3.0 i 

i 

2.0 

1.399 

1.427 

1.476 

1.565 

1.730 

3.0 j 

4.0 

1.082 

1.093 

1.109 

1.140 

1.269 

3.0 I 

6.0 

1.049 

1.054 

1.064 

1.082 

1.185 

3.0 

10.0 

1 

1.039 

1.048 

1.057 

1.071 

1.153 

| 4.0 ! 

j : 

2.0 

1.395 

1.423 

1.472 

1.560 

1.730 

! 4.0 ‘ 

4.0 

1.078 

1.085 

1.096 

1.113 

1.257 

j 4.0 

6.0 

1.044 

1.051 

1.061 

1.081 

1.196 

• 4.0 

10.0 

1.035 

1.045 

1.055 

1.070 

1.157 

4 — - 

7o0° 

7o+45° 
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33.3 
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50.0 
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16.6 

83.4 

0 
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Table XV 
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i 
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i 
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6.0 
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| 
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l 

t 

t 
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2.0 
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1.360 
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i 
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! 
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1.126 
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3.0 

i 6.0 
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* 
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1.037 
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o 
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Table XVI 
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1.831 
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2.0 
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1.748 

1.782 

1.826 

1.911 

2.295 

3.0 

2.0 

2.172 

2.254 

2.386 

2.611 

3.000 

3.0 

i 

1 

4.0 

1.591 

1.621 

1.667 

1.753 

2.073 

3.0 i 

6.0 

1.475 

1.495 

1.524 

1.580 
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3.0 

10.0 

1.450 

1.466 

1.488 

1.531 

1.743 ; 

t 

4.0 
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2.147 

2.214 

2.314 

2.484 

2.770 ■ 

4.0 

4.0 
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1.712 

) 

1.885 | 

4.0 

6.0 

1.389 
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1.478 
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i 

4.0 
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1.329 
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1 
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16.6 
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Table XVII A t 
by 


i = 2,4 





Kt u 

i = 2,4 
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t 

| W/D 

f 

.992 
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I 2.0 ; 

4.0 
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1.276 

1.350 ! 

| 2.0 , 

l 

6.0 

‘ 1.260 

1.246 

1.234 

1.223 

1.262 

ho 

• 

0 

10.0 

1.258 

1.246 

1.234 

1.223 

1.240 

3.0 

2.0 

1.926 

1.881 

1.866 

1.865 

1.850 

3.0 

4.0 

1.275 

1.262 

1.257 

1.260 

1.374 

3.0 

6.0 

1.198 

1.188 

1.181 

1.178 

1.240 

3.0 

10.0 

1.183 

1.175 

1.168 

1.162 

1.190 
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2.0 

i .927 

1.884 

1.870 

1.870 

1.850 

4.0 

4.0 

1.265 

1.252 

1.246 

1.248 

1.390 

4.0 

6.0 

1.175 

1.167 

1.164 
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1.244 

4.0 

10.0 

1.145 

1.139 

1.135 

1.132 

1.165 
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%+45° 
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! 4 0 
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1.093 
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* 

3.0 
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1.468 

1.234 

| 

1.077 

2.0 
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t i 

i i 
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3.0 

1.993 

1.438 

1.223 

i 

1.064 i 

| 

3.0 
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5.0 
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1.000 j 

3.0 

4.0 

j 

3.0 
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i 
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i 

3.0 j 
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i 

3.0 
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\ 
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i 
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j 

i 
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4.0 

4.0 

3.0 
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4.0 

j 

6.0 
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1.382 

1.203 

1.041 
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10.0 

3.0 
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1.204 
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E/D 
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2.00 
2.00 
2.00 
2.00 
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i 

5.00 
5.00 
5.00 
5.00 
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h 


! %o° 

I %+45° 
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| 
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1.070 

1.063 

1.058 

1 1.127 
' 1.089 
1.064 
1.054 
1.052 

1.136 

1.093 
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1.060 i 

1.034 i 
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.109 

,067 

034 
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1.109 

1.059 

1.038 

1.100 
1.135 
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0 
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DESIGN’ OF THE B-l COMPOSITE 
HORIZONTAL STABILIZER ROOT JOINT 

B. Whitman, P. Shyprykevich, and .]. Whiteside 
Giumman Aerospace Corporation 


SUMMARY 


This paper describes the problems encountered and solutions developed for 
the design of the attachment of the stabilizer covers to the root fitting. A combined 
analysis and test approach was used and the problems and lessons learned are dis- 
cussed. The results of over 200 joint tests are reported. 

INTRODUCTION 

The B-l composite horizontal stabilizer is being developed, reference 1, to 
provide cost and weight advantages over a metal design. Bonded splices are effec- 
tively eliminated from the structure by considerations of cost and a desire to 
utilize the durability qualities of fiber-dominated advanced composite laminates. 

I he composite cover is bolted directly to the substructure in a manner similar to 
that employed in the metal stabilizer. 

The root area splice where cover loads are transferred to the titanium bearing 
suppoit fitting presents an especially challenging design problem. The composite cover 
forms air passage contour, hence bolts are countersunk into the laminate and loads 
are transferred by single shear. The composite design uses the same titanium 
forgings for the bearing support fitting as does the metal stabilizer design because 
any alternative is economically unattractive. The thickness of the composite cover 
over the fitting is bounded by the geometry available in the forgings and by the air 
passage surface. Under these constraints, adequate joint strength cannot be 
realized from a graphite-epoxy laminate. A boron-graphite-epoxy hybrid laminate with 

the boron layers oriented in the primary (spanwise) cover load direction provides satis- 
factory strength margins. 


This paper describes the approach used to design the 
tal stablhzer and th <? data base generated to provide design 
boron-graphite-epoxy laminate under combined stress with 
reaction at an arbitrary angle. 


root joint ol the horizon- 
strengths for the hybrid 
single-shear pin load 


SYMBOLS 


D 

E 

f 

F 

N 

P 

t 

w 

a 

6 

0 


bolt diameter 

Young's modulus of elasticity 
stress 

allowable stress 

membrane load intensity, force/width 

bolt load 

thickness 

width 


joint flexibility, 6/p 

displacement of bolt centerline at inner plate midplane rek 
plate midplane 

angle between load axis and laminate reference axis 


ative to outer 


Subscripts: 

b bolt 

B boron-epoxy 

br bearing condition 

G graphite-epoxy 

oh open hole or unloaded bolt condition 

net net area condition 


DE IGN ANALYSIS OF THE ROOT JOINT 
Splice Configuration 

rhe planform arrangement of the stabilizer covers and bearing support fitting 
is illustrated in fi.gv.re 1. The splice design must transmit 500,000 lb ultimate 
m-plane cover load to the bearing support fitting through a pattern of 130 bolts to 
the titanium bearing support fitting. Figure 2 presents a scale view of vhe root area 
bolt pattern. The geometry of this splice configuration is typical of current aero- 
space practice. The use of advanced composite material for the stabilizer covers, 

however, requires the design analyst to approach his task in a different fashion than 
would typically be the case for metal designs. 

Geometric stress raisers such as notches and, in particular, loaded bolt holes 
reduce the static strength of filament dominated composites. This notch penalty is 
analogous to the behavior of a brittle metal with a crack at the stress raiser. Under 
fatigue, however, composites do not tend to develop and grow through-the- thickness 
cracks as metals do. Paradoxically, notched composites under fatigue appear to 
grow stronger. The softening strip concept can reduce the static notch penalty and 
provide a means to reduce drilling time in hybrid boron-graphite epoxy. But the 
softening strip concept is impractical for the complex bolt pattern required to accomo- 
date the bearing support fitting of the horizontal stabilizer. 

The durability of advanced composite materials structures may exceed that of 
aircraft metals. The essential problem in design is to achieve a structure tiiat is 
dominated by the properties of the graphite or boron fibers rather than bv the organic 
matrix materials which may degrade under fatigue and environmental exposure. " 
Matrix dominated failures are found in tended joints, compressive local instability 
modes, sandwich face wrinkling and laminates which cannot be classified as filament 
dominated laminates because of their fiber orientations and/or their loading, e.g. , 
local thickness-direction shear and normal loads. Matrix dominated failures are ' 
^naiactei ized by high scatter and sensitivity to fatigue and environment. A laminate 
may be regarded as a filament dominated laminate if the fiber orientations are such 
that primary loads are reacted by fibers and the resulting layer shear and transverse 
stresses are inconsequential. Transverse crazing of a layer is regarded as incon- 
sequential if there are fibers oriented transverse to the layer in question. 



Fastener Flexibility 


The strength of a composite laminate loaded in tension and bolt bearing de- 
pends upon the amount of load reacted through bolt bearing. Data will be presented 
which shows that increasing the portion of load reacted through bolt bearing reduces 
the total strength in a linear fashion. Further, the distribution of internal loads within 
the complex redundant structure comprising the root joint depends upon the stiff- 
nesses both of the plate members and the fasteners connecting them. It is necessary to 
determine the effect of bolt load on the load carrying capacity of a given laminate 
and the effect of bolt flexibility on the accuracy of bolt loads derived from a finite 
element analysis of the joint area. 

Examination of the five-bolt splice element illustrated in figure 3 shows that 
the relatively flexible character of the bolts and the relatively stiff character of the 
splice plates dominates the bolt load distribution. The results of 
analyses are included in figure 3. In each analysis, the splice is treated as a 
redundant structure comprised of axially loaded bars interconnected by shear loaded 
bolts. The bar flexiblities are taken as (length) -f- (area x elastic modulus). Single 
shear bolt joint flexibilities are estimated using a semi-empirical formula developed 
by Richard N. Hadcock (unpublished research, 1961): 


a- 



(t 1 


E b D- 


+ 3. 72 




( 1 ) 


The results summarized in figure 3 indicate that it is necessary to obtain reasonable 
estimates of individual bolt flexibilities. Further, the bolts in this splice are so 
flexible compared to the plates that doubling the bolt flexibilities has a rather small 
effect upon the final bolt loads. This does not imply that bolt flexibilities can be 
varied indiscrim inantly . 

A composite-metal bolt load-displacement curve typical of that which is found 
in the stabilizer root joint is illustrated in figure 4. Equation (1) tends to overestimate 
the flexibility of this configuration by about 40 percent. It is emphasized that any 
such estimate of bolt flexibility must be assessed carefully both with respect to its 
applicability and to the sensitivity of the design to the bolt loads being estimated. 



Design Approach 


The state of combined in-plane loads, x*, N X and the bolt load reactions, 
p x , P y must be established for each bolt in the joint before detailed strength 
analysis can proceed. These internal loads are obtained from a structural model 
using a finite element analysis, reference 2. A relatively fine grid of membrane 
stress elements is constructed representing the orthotropic composite cover and 
the isotropic bearing support fitting structure. At each bolt location, coincident nodes 
are assigned to the cover and fitting and are connected by a spring element representing 
the stiffness of the bolt. In practice, every single bolt cannot always be represented by 
a node pair, particularly in tightly spaced areas, and after the inevitable small adjust- 
ments to the structure are made. Judgement and hand analyses are sometimes required 
to assign equivalent lumped stiffnesses to the appropriate members. Similar judgement 
is obviously required to interpret the results of the analysis. 

The structure was analyzed by the finite element method using bolt stiffnesses 
obtained from equation (1). Test results indicated that equation (1) overestimates 
bolt flexibility (underestimates bolt stiffness). To assess the impact of increased 
bolt stiffness, the analysis was repeated twice with the bolt stiffnesses increased by 
30 percent and then GO percent. Figure 5 illustrates the effects upon the bolt loads 
produced by multiplying the stiffness of equation (1) by a factor, K . A GO percent 
overall increase in bolt stiffnesses raises the leading bolt loads about 10 percent. 
Following the determination of internal loads in the root joint, a point-by-point strength 

analysis was performed at each bolt location using design strength data obtained 
from the joint test program. 

The entire loot joint design analysis effort, including design strength test 
data generation, took place in about six months. The authors recognize and wish to 
emphasize that all the analysis methods employed, including strength margins, 
could be incorporated into a data processing and post-processing scheme with 
considerable savings of engineering effort. The data and methods were not available 
m time to automate the splice analysis for the stabilizer root joint. 


( 



DESIGN STRENGTH DATA 


Test Program 


A test program strongly oriented to the horizontal stabilizer design was per- 
formed to provide allowable stress data tor boron-graphite -epoxy hybrid laminates 
(O^/ito' q/ 90° (-;) under combined stress with bolt load reaction at an arbitrary 
angle. The scope of the test program is given in table 1. A total of 237 specimens 
were tested. Off-axis specimens were used to determine failure under tension- 
tension-shear stress field, while biaxial specimens were used for the tension- 
compression loadings. The specimens were configured as straight-sided tension type 
specimens with fiberglass end grippers for load introduction. The specimens were 
made 24 in. long to lessen the end effects in the off-axis tests. All specimens had a 
5/16 or 3/8 in. diameter hole with standard 100° countersink. The widths of the cou- 
pons were made 1. 875 or 2. 25 in. so as to maintain a constant width to diameter ratio, 
W/D = 6. 

The test fixture used for these tests is shown in figure 6. It contains two intermed 
ate hydraulic jacks to allow controlled partial load reaction through a single shear fast- 
ner. Provisions were made to allow' adjustment of the jacks to align the specimen in 
the fixture. Bending across the thickness and width was monitored by strain gages. 

For loaded hole tests additional restraining blocks were used to minimize bending 

across the joint. Strain gage readings were used to check the stiffness properties of 
the laminate. 


Test Results 

Test results are presented in terms of the principal variables. All test results 
are tabulated in the Appendix. The effect of bolt load on net tension strength is 
shown in figures 7 and 8. Net tension failure stress is reduced in the presence of 
bolt load from the open hole value; the reduction being nearly linear with increase in 
the ratio of bolt load to total load. Specimens loaded at 22.5° and 45° to the lami- 
nate axis (tension-tension-shear loading in the laminate axis) show least degrada- 
tion. Overall laminate load-strain response was observed to be essentially linear 
to failure. The behavior shown in figure 4 however, is typical of the joint load- 
displacement cuive at high bolt loads. It is possible to produce yielding of the bolt 
and local crushing of the laminate without catastrophic laminate tensile rupture. 



Temperature effect on tension strength, figures 9 and 10, is seen to be small. 
The strength of boron-epoxy critical laminates increases at -67° F and deteriorates 
at 300° F. The reverse seems to be true for hybrids where failure is traced to 
graphite-epoxy layers. 

Design Allowables 

Test results shown in figures 7 through 10 were used to establish design allow- 
ables. These results are obtained from two laminates, 48 B ~12 G -36 and 32 -16 - 
48 q , which comprise two thirds of the test data. Test results from five other ° 
laminates were used to verify and extend the strength data base. 

Open hole data for 48^-12^-36^ and 32g-16 G ~48 G laminates were used to re- 
late breaking load to far-field layer stresses calculated from lamination theory. 
La>er longitudinal stresses for the 0°, 90°, ±45° plies were determined using test 
results for the two laminates loaded in the 0°, 22.5°, 45°, and 90° directions. The 
average of far-field gross layer longitudinal stress values derived from test was then 
reduced by a factor or 0. 8 to determine the following design allowables: 


F o° = 

80 ksi (Boron) 


II 

o 

O 

O 

45 ksi (Graphite) 

(2) 

F 45° 

45 ksi (Graphite) 



The next step is to incorporate the effect of bolt loading into the combined stress 
allowables. Figures 7 and 8 indicate that the degradation of strength due to bolt load 
is a function of laminate orientation and loading direction. Specimen loaded at 22. 5* 
and 45° show the least degradation. In order to maintain a simple, conservative 
approach, it was decided to penalize the ±45° layers (critical in the 22.5'’ and 45° 
load direction tests) by an amount corresponding to the maximum bolt load and to 
assign the components of the bolt load to the 0° and 90° layers. That is, although 
the entire bolt load is assumed to be reacted by the 0° and 90° layers, the ±45° 
layers are limited to a stress level corresponding to that seen when maximum belt 
loads are applied in the tests. Accordingly, the ±45° (Graphite) allowable layer 
longitudinal gross stress is reduced from 45 ksi to 41 ksi. For the 0® and 90° layer, 
the steepest slope seen in figures 7 and 8 was applied to obtain 

(F \et ~ ^ F ohWt " 0,208 f | 3r 


( 3 ) 


W T> ‘ S ‘ h o n ° minal bearl " B S ‘ reSS ’ P/Dt ' <Here P ls ,he component of bole load 
” * h :° ” 90 dir “ tto " * ha is a function of the laminate and the load 

lreC TL AS * ma " er ° f " eSlgn Phll ° SOphy blaxial contributions to unaxial strength are 
ignored while reductions of strength arc taken into account. 

Variation of width to diameter ratio is accounted for by maintaining a constant 
net section allowable stress for W/D ratios less them six. Hole size effect is ac- 
counted for by correlating the open hole test data at diameters of 3 / Hi and 3 S in-h 

With the analysis method of Whitney and Xuismer referent a T , , , 

tion factors are given in table 2. ' The h °' e slze corr «- 

. TeS ‘ S ° n flve - lx>it splice elements similar to figure 3 indicate that tension is 
mote critical than compression at temperatures from „7 to 300“ F, even after four 
tnes o spectrum fatigue. A test program is underway to verify the root joint design 

under humid environment conditions simulating a twenty-year aircraft life with run- 
way storage. 


t-umpurison with Test Data 

The test results are plotted against predicted values in figures 11 through 13 

“ ?t Sre ba8ed °” the 48 B- 12 G- 36 C and 32 b- 16 g- 48 g luminates, 

good correla, ton ts to be expected for those cases. The pi«s show very good agree- 
ment for the other laminates as well. More scatter is evident for the 90- layer 
fatlures This may be due to the low percentage of 90- plies in those eases, stat- 
ical analysts ol the specimens breaking in the ,43- layers produced a 'E-basis' 
factor higher than the 0. 8 value used here for design. 

CONCLUSIONS 

The strength ol thick hybrid boron-graphiie-epoxy laminates connected io 
me, a in single shear bolted joints depends upon ihe boll bearing load transferred a, 
eac o t. The internal bolt load distribution is a func tion of the plate stiffnesses 
and the interconneeiing holt stiffnesses, hence reasonable estimates of joint flexi- 
. , > are important m design analysis. Equation ,1) provided a reasonable estimate 
is appheatton bu, measurement of joint stiffness is still deemed necessary and 
s ou e undertaken as soon as preliminary sizing of a new design permits. 



The integration o £ the design analysis procedures directly into the finite 

element analysis would significantly reduce the effort required in the preparation of 
input data and interpretation of results. 

Bolt hearing reaction interacts with laminate notched tension strength in a linear 
fashion. Reduced lamina far-field allowables provide a simple load and design 
analysis approac h which was verified for combined loading by off-axis and biaxial 
testing. Yielding of the bolt and local laminate crushing (bearing failure, can occur 
w.lhout catastrophic laminate tension rupture although laminate load-strum response is 

essentially linear to failure. Tensile stre.glh was found to be relatively insensitive 
to temperatui’e. 
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APPENDIX A 
Tabulation of Test Results 


Individual test results are given below. All thicknesses are based on a non 
layer thickness of 0.00525 inches and loads are given in customary units (K - 10C 
All failures oecured in net tension. 



Table A-l Joint Test Results 
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Figure 4 Typical Room Temperature Test Load- 

Displacement Curve for a 3/8- inch diameter 
Titanium Bolt Connecting 44 /12-/32,, 
to 1/4 inch Titanium ° ° 



(NOTE : K p iS BOLT PATTERN STIFFNESS FACTOR) 

Figure 5 Effect of Bolt Stiffness Variation 
on Analytical Bolt Loads 
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Figure 7 Effect of Bolt Load on Net Tension 
Stress for 48.^-12-36 Laminate 
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Figure 8 Effect of Bolt Load on Net Tension 
Stress for 32_,-16„-48~ Laminate 
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Figure 9 Effect ot Temperature on Net 
Tension Stress for 48 -12 
Laminate B G G 
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Figure 10 Effect of Temperature on Net Tension 
Stress for 32 T1 -lG„-48„ Laminate 
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Figure 12 Comparison of Test and Predicted 90° 
Layer Longitudinal Strength for Hybrid 
Laminates with Loaded and Unloaded Holes 
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Figure 13 Comparison of Test and Predicted 45° 
Layer Longitudinal Strength for Hybrid 
Laminates with Loaded and Unloaded Holes 
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SUMMARY 


This paper reviews results from ongoing programs at the NASA Langley 
Research Center which have as their objective the establishment of a weight and 
strength data base for efficient graphite /epoxy structural components, ca- 
dency studies are presented which were obtained from a newly developed synthe- 
sis code for designing structural panels subjected to combined loads. Results 
from an experimental evaluation of two 91“ by 119 -cm ( -36- by 47-in.,, grap i^e, 
epoxy sandwich shear webs are presented, as well as recent test results on 
152-cm-long (60-in-long) hat-stiffened graphite /epoxy compression panels, dso 
reviewed are 'new results from an experimental program being conducted to study 
the low-velocity impact Dehavior of graphite /epoxy structures. Some design 
triplications of this research are discussed in the context of redesigning 
commercial -aircraft aluminum wings with graphite /epoxy material. 


INTRODUCTION 


comprehensive program is be in 


mar sued at the NASA Langley Research 


Center La?C to advance the technology for designing and 
composite structures comparable to 


ild ! nr 

;he technology- which presently exis J 


r an c e -(i 

or 

aluminum structures. .Although there have been significant advances m compos - -e 
mechanics and design methods over the past 10 years, further ef for 4 s are necrs- 
c;a r r to fullv exploit the potential advantages offered cy advanced composite 
materials. For example, in addition to offering weight advantages and tailor- 
able structural properties when compared with aluminum, compo.^x ^e materl-.^_ 
their radically different fabrication processes also offer the potential for 
reducing manufacturing costs. It should be expected then that the development 
of advanced composite structures will be an evolutionary development with many 
iterations between manufacturing and structural design. 

In an effort to obtain the needed interaction between design, analysis, 
and manufacturing activities, a program is being conducted. at the Langley 
Research Center to establish an experimentally verified weight -strength data 
base for various generic structural components. Establishing. this data base 
not only provides experience with composite hardware but provides a much needed 
standard against which the relative merits of various structural concepts can 
be compared. The critical experience that is obtained only from the actual 


preceding page blank not filmed 


~z, z 

- j 


A 


design of flight hardware is provided through interaction with industry and with 
composite-structures flight programs at the Langley Research Center. 

In the present paper a review is given of graphite /epoxy composite struc- 
tural design technology studies in progress at LaRC. Specific items discussed 
include: development of new analyses and design procedures, establishment of a 

weight -strength data base for compression panels, establishment of a weight- 
strengch data base for shear webs, and a study of the impact behavior of com- 
posite laminates. Also presented is a discussion of some design implications 
associated with composite materials, with specific attention given to the design 
of substitution wings for medium-size commercial aircraft. 


SYMBOLS 


Measurements and calculations were made in the U. S. Customary Units. They 
are presented herein in the International System of Units (SI) with the equiva- 
lent values given parenthetically in the U.S. Customary Units. 

A panel surface area 

B panel width 

b shear web depth 

L panel simple support length 

L g effective experimental panel length 

N x compressive load per unit width 

N xy ..shear load per unit width 

P total applied load 

P ultimate applied load 

t^ thickness of skin under hat cap 

t- thickness of vertical webs 

cl 

W panel weight 

7 shear angle 

0 filament orientation 

a a allowable stress 


63 ^+ 



PANEL ANALYSIS AND DESIGN PROCEDURES 


In this section a review is given of the analysis and design procedures 
which are currently being used or are under development at LaRC for composite 
panels under combined loads. Current research is focused primarily on stiffened 
composite panels; however, many of the methods discussed are equally applicaole 
to sandwich panels. 


Panel Stability Analysis Methods 

Due to the large number of variations in laminate geometry, filament orien- 
tation, and material properties associated with composite structures, computer 
codes with rather general stiffness and geometry capability are necessary for 
analyzing their stability. The needed codes are being obtained both by con- 
verting existing codes to deal effectively with anisotropic properties and by 
developing new ones. A list of nine computer codes presently being used and 
their associated features are listed in table I. Also listed in the table are 
the references (refs. 1 to 9) in which each code is discussed. 

The first four codes listed, BUCLASP 2, VIPASA, BOSOR 4, and SRA, are rapid 
one -dimensional codes and are used primarily to study the complex buckle modal 
behavior commonly associated with stiffened composite panels tailored for high 
structural efficiency. An example of the BUCLASP 2 code being used to study a 
hat-stiffened panel which exhibited modal interaction is presented in refer- 
ence 10. The fifth code, BUCLAP 2, is used to study the stability of curved 
unstiffened anisotropic panels which exhibited bending-extension coupling. The 
next four codes listed, BOP, NASTRAN, SPAR, and STAGS, are used to study com- 
posite panels where the assumption of a single trigonometric shape ..as in the 
one-dimensional code) for the buckle mode is not adequate because of boundary 
conditions or variations in stiffness, loading, or temperature. The STAGS com- 
puter code can also efficiently handle geometrically nonlinear problems. The 
STAGS code was used in reference 11 to solve the nonlinear problem of shear web 
buckling with an initial imperfection. 


Panel Design Procedures 

The two panel optimization programs (POP) presently being used at LaRC are 
given in figure 1. In both programs, mathematical programing techniques are 
used as the basic optimizing tool for arriving at minimum weight designs. These 
programs provide the weight of a panel required to carry a given set of combined 
loads and also provide a complete description of all skin thicknesses and 
stiffener element lengths. In addition, design constraints such as shown in 
figure 1 may be specified. In the first procedure (POP-I) the assumption is 
made that the panel buckling behavior for the local modes and wide column uuler 
modes can be represented independently by simple closed -form solutions, such as 
was done in reference 12 for metal panels. Typically, 10GC to 20CG iterations 
and about 


:'5 seconds of computer time are required to obtain a single design. 


liliVi. CU tu uuu <- ^ ^ ^ 1 - _ - ~ 

\ more comrlete discussion of this procedure is presented in reference 


,nd 


some_ applications 0 f it are presented in reference 10 . Although panel designs 
obtained using this procedure (POF-I) must be checked 


analysis such as BCCLAbr 


a comrlete 


ib i 1 If, 


a ver-' toni r ,.° r ’{ ll>ASA > the tOF-T procedure has been found to be 

a /er, .semi tool for performing paramfrlc studies or even generate- <M n -l 
designs for well-undersfoc i stiffener concepts. 


In the second procedure ' i 
technique (3UCLA3F 2 or YTPASA 
nectlons and complex buckle modes. 


; _1 5 > ' in axact eigenvalue buckling solution 
is utilised to properly account for element 


. n r( 


complete buckling solu+ 


''‘on- 


ion: 


? r ff Ch iteration i instead, approximate analyses are -ad- -und ame 
pda ed periodical;/ with the exact analysis. This procedure recuse. o bou+ 

100 to pOO seconds of computer time to obtain a single design, i dbc-H 0 n -f 
the optimzaticn technique used in the FOP-II code is presented in reference O 
111* J 6Slgn pr °° edure (POF-II) implicitly uses an exact stability anal-sis?' ^ ' 
~V 13 U f d ^ for stu <iying open section stiffeners that 'are highly’ sus- 
bl J 1 l ge l0ad reductions due to rolling of the stiffener. Fefear-h is 

Strain “u=n f»\ Pr ° Ced T e <P0P - II) t0 desig ” " th models 

oiled m such a fashion as to minimize the effects of initial imperfections, 

J results for the weight -strength performance of hat-stiffened 

/epOXy . Fanels under c °mbined loads are presented in figure 2. These 

wei^ index **‘1 ^ C ° de * ° n this <**rt the 

several fj,2 0f th T index N x/ r for 


_ # * — V VAX V^J. XU r 

several ratios of applied shear to applied compression 


N 


r xy/ N x* tor low values 


,, XV/ x * x xu w van 

of the loading index, the panels are mainly stability critical- whereas -or 
high values the panel weights are controlled by strength considerations’ as 
^n ica e y he steeper siupes on the curves above iL /L = 1000 . Vor all 
the resets shown in figure 2, 9 was constrained to be E 5 0 . 


IMPRESSION PANEL STUDIES 


ha-e composite panels at the Langley Research Center 

ha.e „een x — u^rd on estacnsning a weight-strength data base' -for hU-tl- evi- 
dent . hat-stiffened and open-corrugated graphite, .'epoxy pane's de-si .-nc^ eo r ‘co~« 
und^T °b Ly * * he Simple load condition was chosen to faoilu-b e '^ e ' "* 

parison a of inS ° X fai !^ meChanisiriS and t0 Provide a standard for ready com- 
parison of various stiffening concepts. The validity of various design proce 

dures and analyses is being tested by comparisons with emem-ntal^rr-" m 

^b^ rapreSS1 ° n doad desi S ned panels, and efforts are underway to expand the 
testing program to combined loads. expand me 


ra.rie_L Designs 


ay ._ I*** t ^ lree panal cross-sectional configurations presently being con^demed 

:: e So“ ill "I UnShaded - eas distinguish bet^the 

" ' at 10ns o. the plies and their distribution. Configuration A was shown in 




* 9 PLIES 
0° PLIES 
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CONFIGURATION A 




CONFIGURATION C 


CONFIGURATION B 
Sketch (a) 

reference 10 to be a structurally efflci^t arr^ement 

pression loads with the ply orien^ ion axial stiffness) plies are located 

he 6 hat" can* and' skin “ ’protidf LximS Xlumn tending stiffness and (2). that 
m the hat cap and sKin P fl (l ax i a l stiffness) plies to mini- 

the v ttti ca t ^fts are composed of all 18 lo^axial^s ^ 

mise the -»» “ial ^ ^ vertical . Jebs proviae the she aring 

stiffness needed to minimize column transverse faring deformtions Config- 

Tf S ^SdfrThe^! tSMTSTTM- Sen corrngation 
which is applicable where smooth skins are not required. 

In wing panels the compressive load levels are ^typically 
5300 M/m (2000 to 30 000 It/in.) «th a rib spacing of ab^ 7-^ icall 

g . le £ S th r re-e-I.oad jeVels chosen 

. _ hpi nr- renresentative of these loading conditions were 1 ^, ~ 

1580* kN/m (900, 3000, and 9000 lb/in. ) • The t.ne^de^i^wer^^bricated 

F0F-I design code discussed previously. Selected to evalu . 

and tested. For each design, specimens 4l cm >1 j in.., e 

ate local buckling and ultimate strength, and specimens 1^= cm ,cC in. , long 
were used to evaluate Euler and interactive buckling modes. 


Panel Tests and Results 

To date oanels have been designed and tested at load levels of 158, 52^, 

, , -o n kN /4 ?Q00 ^000 and 9000 lb/in.). The 158 kN/m panel was an open 

report ed^i^reference 10 

rSnty!tSerS-cr U u!i .^“fnsVndtr Six 152-cm (60-in.) specimens , 


Tvoical failures of the p25 and I58 O kN / m 
figure y. It can be seen that failure of the 


; hi -cm- long) panels are shown in 
kN/m panel has accompanied a 


637 


de-amination of the skin from the stiffeners while the 1580 kN/m panel failed 
in an explosive fashion with one of the stiffeners totally separating from the 
skin, ihe nature of the failures are apparently closely related to + he level 
at f ^ lure * The strain at failure for the 525 kN,m panel was about 
0.005 whereas the strain at failure for the I58C kN/m panel was 0.0076 which 

th€ Ultimate strain of the graph it e/epoxy panel in compression 
,0.0086 , .The 525 kN/m panels had relatively low strain levels at initial 
buckling vO.00^6 for the panel Just discussed) and typically exhibited <^me 
post oucklmg strength. The 1580 kN/m panel had relatively" M^h s+ra« n !~a* 
initial buckling and exhibited very little, if any, post buckling behavior) 

Panels 152 cm long (twice the simple support design length) were used to 
evaluate the wide column behavior of the various designs, as discussed in ref- 
erence 15. A photograph of a panel being tested in a compression test machine 
s own in igure 4. The strains in these panels were recorded with 80 strain 
gages, and out-of-plane displacements were recorded with 15 electrical displace 
ment transducers. The strains were used to determine the location of zero' 

T 1 P an6lS t0 establish the effective simple support panel length 

in reference erenCe 1 ' > " Purther details of the panel tests are presented 


Panel Weight -Strength Performance 

The weight -strength performances of the panels tested are presented on the 

2000 C NAcf f flCienCy C f- rt in fi ^ e 5- For comparison, data points from ov^r 
* almi ^ J anels of three different cross sections are shown. The 
-nv ?h d line k t . the ° retlCal mini:num weight for hat-stiffened panels predicted 

hat st <£!!!? a Slgn ?rOCedUre > and the lines are for comparably designed 

hat-stiffened and corrugated graphite /epoxy panels. The cusps in the gr.phiW 

epoxy curves are due to balanced laminate considerations which reouire 

miL +f rS i? U r d in increraental set3 of four plies. The comparably deter!' 
ed theoretical curves show a 50-percent weight savings for graphite etox- 

panels wnen compared with aluminum panels. It can be seen that none of the"’ 

graphite, epoxy panels achieved the theoretical efficiencies defined bv 

in ! d thls is due t0 reductions in predicted load, as well as inc!!ase- 

D r ight ‘ ^ reductions in load are d!e primarily to im^r! 

l. ns O 0 local and overall), and the increases in weight are due to 
J" aC J al manufacturing^ processes and tolerances which were not considered in 
oign procedure. However, even with these losses in performance the 
graphite /epoxy panels tested were still 35 to 42 percent lighter in weigh* than 
the theoretical minimum weight for comparable aluminum panels. 

it should be pointed out that the closer a panel is designed to the theo- 
retical minimum weight curve the more sensitive it is to imperfections. In 

wen Str i lct rf s ' panels are designed for multiple load conditions as 

lltt + C ° n " t f aintS SUCh as stiffness or fatigue. A discussion of such 
practical constraints is given m a subsequent section on design implications. 
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SHEAR WEB STUDIES 


An analytical and experimental program to investigate the shear stren^r 
o-p graphite /'epoxv structures is also being conducted. In this section ,h 
mltSial and structural evaluation of t»o large graphite, epoxy sandwich shear 
webs will be reviewed (ref. l6) . Cne sandwich web was designed to exl.ibi, 
strength failure of the facings, and the other web was designed to exhioi, 
general instability failure. Each shear web was tested as one-half of a e p 
beam which was supported and loaded as indicated in sketch ! b). 



Laminate Tests 

The laminate selected for the sandwich facings was ±45° graphite/ epoxy 
( 00 / t 5208 ^ « The elastic shear modulus and allowable sheai stren^ . 0 ^ ms 
laminate was determined from material tests conducted using the o ..axially e 

picture-frame shear test shown in figure o. This test method suspects a sand- 
„ich specimen to a uniform sheer deformation. Details of the spec men design 
may he found in reference lb. Using this method, the average memcrane s .ear 

modulus of the ± 45 ° laminate was found to be 41 GPa ■ 5-9^ X .|° U P si ‘ ana the 
"B" value shear strength was found to be -400 MFa 000 P^ 1 '’ 


Structural Specimen Design 

The two shear wehs were each 91 by 119 c™ (36 by 4-7 in.), which ™ as the 
same size as the titanium-clad boron/epoxy web of reference 17- The faces of 
both webs were molded with an integral doubler area for bolting around the 
periphery which was of pseudoisotropic (0/±45/90) construction, -he strengt 
critical web was designed to exhibit strength failure of the facings _ ' assuming 
uniform shear flow) at the same shear loading of 1340 kN / m ' ^8 lb/. in. ! as the 
web of reference 17 to provide a direct comparison of structural efficiencies 
of the two wehs; it was constructed with 1 . 68 -mm '-O.Occ-in . ) faces i- pj-ies, 


1 3 ' 



and. 1.52-cm (0.60-in.) aluminum -honeycomb core. The stability critical web 
designed to exhibit general instability failure at a shear loading of 8" ; : k! 
' >00° 1^/ in.). ihc purpose of this web was to identify problem areas for- 
wich shear webs which are stability critical and to assess the adecuacv of 
current ^ analytical tools for predicting shear buckling $ this web was cons+.rt 
with 1. 40-mm (0. 055-in.) faces (10 plies) and 0.95-cm "(0. 575-in. ) aluminum-' 
honeycomb core. An initial NASTRAN (ref. 7/ model of the test web and fram 
assembled and was used to design the stability critical web core thickness. 
Further design features of these two shear webs may be found in reference 1 


was 

] , jn 

und- 
■cbd 
le was 


Shear Web Test Method 

Both sandwich shear webs were tested in the same manner as the web of ref- 
erence 17.. The test frame, complete with a sandwich web, is shown in figure 7 
installed in a compression test machine. 

Tension rods provided lateral restraint to the deep beam during test but 
offered no restraint to inplane deformations of the test web. While the deen- 
beam test method subjects the web to the desired shear loading, it also subjects 
the web to small bending deformations. Consequently, both shear webs were 

instrumented to survey the beam bending strains as well as the overall she^r 
field. 


Test Results 


The strength critical shear web failed at IO55 kK-m (6028 lb/ in.) average 
shear load, which is approximately 79 percent of the design value. The failed 
shear. web is shown in figure 8 where the tension and compression cracks are 
identified. These cracks are consistent with a material failure in shear. It 
is believed that failure initially occurred near the crossing of the tension 
and compression cracks since preliminary analysis and e.-periment indicate That 
' 1S . 1S ^ area increased stress. The theoretical and experimental load- 
strain responses in shear are shown in figure 9. Curve I, on the figure is the 
theoretical response based on average shear flow over the full depth of the web 
and. indicates that the ultimate facing strain (0.00972) would be reached at the 
design load of 2.65 MN (550 kips). Shear flow calculations (i.e., V0 /I t-vpe) 
which more. correctly account for material distribution, including the test * 
frame, indicate that the ultimate strain would be reached at approximately a 
y-percent lower load. The measured strains for a given load were significantly 
higher than elementary flows predicted. Curve II is the average shear strain ‘ 
response determined from gages located over the central portion of the web. 
en this^curve is extrapolated to the ultimate strain level, approximately a 
~P ercen ‘ j reduction in maximum load is indicated. However, curve III shows 
the greatest experimental shear strain on the entire web. This response, which 
was determined from gages located near the suspected failure point, indicates 
that a localized area was strained very near the material limit at the failure 
load. In order to analyze such a web, something beyond elementary theory is 
required to predict the peak shear stresses which can deviate from the average, 
m^a metal structure, yielding would occur and would allow a uniform stress con- 
- ^ion to be approached^ but this is not the case for composite materi - ’" 1 



The stability critical web failed at AGO kll/n lb. in. average shear 

load, which is approximate 1;/ 6" percent of the anticipated buckling lead as pre- 
dicted by linear UAGT-AIU analysis . "he moire fr ! n/v phot D-mrrh of t h*~ stability 
critical web , presented in f i gur e 10, shows the primary rat tern to he -no lame 
skewed buck.it . The hackle is a result of Initial out - of -pi ane d Lop] a cement s 
that grew from the onset of loading. 

ihe theoretical and experimental load-strain m morses in shear o:‘ the 
stabilit v critical web are shown in f inure 11. The design lead, indicated bv a 
dashed line, was determined from ''A3TRAU stability analyses by varying core 
thickness to obtain a web design which was stability critical at an average 
shear load of 875 kU/m (pOOO lb/ in. ) or 1.6 MU . 5 60 kips total load. Curve I 
is the theoretical load-strain response, based on average shear flow over the 
full web depth and indicates that the buckling load would be reached at an 
average shear strain of approximately O.OO 76 . This strain .level is approxi- 
mately 22 percent less than the facing ultimate strain of 0.00972, which is also 
shown on the figure, indicating an adequate margin to preclude facing strength 
failure. Curve II is the average load-strain response determined from gages 
located over the central region of the web. This curve indicates that the 
resultant average shear stiffness of the web and test frame combination was 
less than expected, similar to the strength critical web behavior. Curve III 
shows the greatest shear strain response on the entire web. Back-to-back strain 
gages at this location reversed at approximately 1 MN (220 kips), thereby indi- 
cating the presence of high local bending deformations. Since the web failed 
at a maximum strain level of approximately 0.00708 (curve III), it appears that 
membrane strength failure of the facings did not precipitate web collapse. 
Rather, it is believed that collapse occurred as the result of localized effects 
such as core, or interlaminar failure after buckling. 


V; e i ght - Strength Performance 

The weight-strength characteristics of various shear web constructions are 
shown in figure 12, where test section weight per unit area per unit depth 
{ W/Ab ) is plotted as a function of the shear flow per unit depth (N x , r /b) . The 

shaded area of figure 12 bounds the region over which aluminum data summarized 
in ref. 12i were generated by the NACA. The solid curves are theort ~ical pre- 
dictions (ref. 18) which show the limiting behavior for various structural con- 
cepts. The experimental stability critical performance of the Ti-clad B/E test 
web 3 of reference 17 is also shown in the figure. The dashed line is a theo- 
retical prediction of strength critical Gr/E sandwich behavior for the web 
tested. The stability critical web is an off-optimum design; therefore, its 
design point does not lie on the strength critical curve. The web experimental 
results of both the strength critical and the stability critical webs were 
plotted using average shear loads and full web depth. The strength critical 
web is shown to weigh approximately one -third as much as the most efficient 
aluminum structure at that load index and approximately h6 percent as much as 
the Ti-clad B/E web. Although the design was off-optimum and influenced by 
Initial curvature , the stability critical shear wr b weighed approximately one- 
half as much as an aluminum structure which would carry the same load. 


pel 


xn spite of the lower-than-anticipated failure loads, the graph! te/epoxv 
sandwich shear webs have outstanding weight -strength characteristics, ^ webs 
achieved average shear stresses of 275 to 550 MPa :>0 to 50 ksi*, and were found 
to be pw to c-7 percent lighter than the most efficient aluminum' structures 
know., as indicated by the shaded area of figure 12. 

LOW-VELOCITY IMPACT 

An experimental investigation has been conducted to study local failure 
modes and impact initiated failures in high-strength graphite/epoxy sandwich 
structures. This program has been underway for some months and previous results 
are reported m references 19 and 20. 


Tests 

The tests have been conducted on sandwich panel specimens typical of those 
proposed for use m aircraft secondary structures. Projectiles and energy 
levels were selected to simulate rock-type impacts. Rock damage is of interest 

that* 1 - 6 ^ ot ™ e ^ cial aircraft are occasionally damaged by rocks and runway debris 
xnat is kicked up by reverse thrusters during landing. 

Projectiles used in this investigation were 1 . 27 -cm (0.5-in.) diameter solic 
alu™ spheres. Aluminum was chosen as the projectile material because It ha) 
about the same density as common rock materials. .All projectile impacts were at 
normal incidence in the velocity range of 15 to 6l m/s (50 to 200 ft sec j. 


Specimens 

order to eval ( jate the effect of impact on the load-carrying caracit^ of 
grap i e, epoxy composites, sandwich-beam test specimens were used. The sneci- 
mens were 5c cm ,22 in.) long by 8 cm (5 in.) wide and had a composite lamina* e 
on one -ace and a steel plate on the opposite face. The specimens were 1 aded 
four -P° int b eam bending (see sketch (e) ) which imposed a uniform stress field 





on an 8- by 8-cm (3- by 3-5n.) 


test area in the center 


■ -ply :o, 90 ) s laminates and 8-ply ( 90 , ±^5 > 0 ’ s 
strength graphite /epoxy were tested 
1+8 kg/m 5 (5 lb/ ft 5) Nomex honeycomb 
1JO kg/m-' (8.1 lb / ft 5 ) aluminum honeycomb 


the specimen. The 
laminates fabricated from high 

The 4-ply laminates were supported on 


srapnibti/trpuA^ «.• 

(5 lb/ ft 5 ) Nomex honeycomb and the 8 -ply laminates were ^uppor e on 


Load Frame 

Static loads were applied to the specimens using the loading frame shown 
in figure 13- A typical test specimen is shown under compression load in -h 
Same ^he frame Zs also used for tensile testing with the load for both cases 
ZlTied through a screw in the rear of the frame. A load cell was incorporated 
in+o the frame to determine the stress in the composite face sheet panel. 
Specimens were placed in the loading frame and impacted under combinations of 
load and projectile velocity to determine the combination necessary to mi.ia 
catastrophic failure of the specimen. 


Results 

Test results for tensile stressed (0,90) s graphite /epoxy laminates sup-^ 

ported on 48 kg/m 3 (3 lb /ft 5 ) Nomex honeycomb core are shown in figure 14. The 
ordinate^s the load in (he specimen prior to impact (P) divided by the measured 
average ultimate load (P u ) of several virgin specimens, and the abscissa is the 

kinetic energy of the impacting projectile. The solid ^fthe 

specimens in which catastrophic failure occurred upon projectile impact, and t he 
open symbols represent specimens which may have incurred local damage ^but did 
not fail catastrophically. The curve laoeled failure t res.o is - 

between those specimens which failed upon impact and tnose which did not. The 
failure threshold indicates that a sharply defined region 01 safe loading ma., 
exist foT* graphite .-'epoxy composite laminates. A similar behavior was n 
reference 5 although thicker laminates and different layups were evaluated for 
ballistic damage. The range of impact evaluated in the present m/e./tigati 
included energies well below the value required to initiate visible damage to 
energies that precipitated significant local surface damage. The lowest pro- 
jectile kinetic energy at which surface fiber breakage can be detected va tally 
is called the visible damage threshold and is noted in figure 14. The data 
indicate that imp a=ts at energy levels well below tne visible damage threshold 
can initiate catastrophic failure in loaded composite structures. 

Some typical impact damage in graphite /epoxy sandwich structures is shown 
in figure 15. Damage is of a local nature and at penetration is about the *ame 
diameter as'the projectile. The susceptibility of some graphite/epoxy to Jor- 
eign object damage has been examined in references 19 and xhe cc.n - - - 

■e r om these references are that the chief contributing factors to damage sus- 
ceptibility appear to be the low longitudinal strain to failure ui ^graphite/ 
epoxy and the local crippling of the honeycomb beneath tne point 01 impact. 


The failure threshold for two laminate configurations in both tension and 
compression is shown in figure lo. All curves are based on experimental data 
such as that for the ; 0,?C') <3 tension test shown previously in f inure : ♦ . Til 

failure threshold curves indicate- similar trends and have strength reductions 
of id to 6y percent at the higher energy levels. The low ! mpact res : st ance of 
comoression stressed laminates was not anticipated because similar phenomena 
are not common in most structural type materials. Close examination of the 
failure surface indicates that the impact precipitates a transverse shear tyre 
of failure in the laminate, as shown in sketch d . 



Sketch (d) 

The increase in impact resistance at the lower energy levels (0.1 to 0.2 J 
(1 to 2 in-lb)) demonstrated by the (90,±45,0) s laminate may be due more to the 
honeycomb substrate than to the number of plies or the layup configuration. 

The higher density aluminum core used in the 8-ply specimens has higher crip- 
pling properties and provides better local support in the region of impact than 
does the lower density Nomex core used on the 4-ply specimens. 

Photographs which show typical impact initiated failures in tensile loaded 
test laminates are shown in figure 17- The (0,90) s laminate (fig. 17(a)) is 
seen to fail with a well-defined crack while the failure in the (90,±45,0) s 
laminate is accompanied by a considerable amount of tearing and deiamination. 


Effect of Impact on Commercial Aircraft Design 


An alternate way of looking at the data in order to better understand the 
implications on design is shown in figure 18 where the failure threshold curves 
based on strains for the test laminates are shown. In figure 18, the calcu- 
lated stiffness for the given laminate was used to convert the load to strain. 
Also shown on the plot are the limit load and ultimate load strain levels which 
are representative of values found in commercial aircraft wing panels (see next 
section on design implications). Although impact causes considerable reductions 
in strength, as shown in figure lo, the severity of these reductions is best 
evaluated by the strain comparisons of figure 18. It should be pointed out that 
the ultimate and limit load strain levels indicated are for heavily loaded wing 
panels and that most other components on commercial aircraft would operate at 
much lower strain levels. Only a limited number of laminates have thus far 
been tested, and additional work in this area is necessary. 


DESIGN IMPLICATIONS 


In this section the design implications of constraints other than material 
strength or buckling are discussed. Attention is focused on the compression 
wing panels of contemporary medium-size commercial aircraft and specifically on 
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their redesign considering graphite/ erox.v as the str uhural material. 
simple i undamental concepts 'ire developed which provide a basis for 
standing the design of composite su- - 1 -; button wins/; and lend Ins I rht •••*. : - 
into the design of advanced wing sti res. ; '* " ’ ' ’ 


^tng ranel weight and stiffness Comparisons 

i n a. previous section, a comparison was made between the veight-stren^h 
c aracteristics of aluminum panels and graphite epoxy panels designed for a 
compression load only .see fig. 5)* l’n this section, compression panel data 
1 r°m contemporary commercial aircraft are included in the' comparison . r n e icr _ 
ure 19 the tneoretical minimum weight curves for hat-stiffened panels from " 
figure p are shown. For simplicity the cusps on the graphite /epoxy curve of 
figure 5 are not included; this exclusion is equivalent to removing the con- 
straint of incremental ±95° ply thicknesses. Also shown in figure^ are data 
for typical medium- size commercial aircraft aluminum wing panels. The lower 
TTZ Cfn i” dex VL represent the lightl/loaded outloLd^tion 

Portion og S +n e 6 hl ® her values Of the loading index correspond to that 
P . .. . be Wlng near the fuselage interface. It can be seen that the com- 

weighffS n flnm nel data ^ re con f derably higher than the theoretical minimum ‘ 
theSetfcnT 1 S loW loading index range. These data approach the 

liSt of W6 - S in the high loading index range as the strength 

iimit of the aluminum is approached. The main reasons for exceeding the theo- 
retical minimum weight for the aluminum panels seem to be (l) add^ constants 

m rr; g i or ? ionai stiff — , & 

2L f ° r manufactu rmg constraints such as a requirement for constant 

the fener S ? a 1 Cin ?- in fl 8®e 20 the extensional and shear stiffnesses of both 
the commercial wing panels and graphite/epoxy panels are compared to assess the 
impUcatxons of using strength optimised panels In snbstltnS wings? 1 can be 
oeen on this logarithmic plot that the stiffnesses of the compres?ion-lo°d- 
designed graphite,, epoxy panels are on the order of one-half to one -third of t^e 
stiffnesses of the aluminum wing panels, it should be noted that the stiff- 
minim f 1 weight aluminum panels designed for a compression loM only 
would be very close to those shown for graphite epoxy. Since the panel ev”en 

sion^l st?4nT ring ?J lffnesses translate directly into wing bending and tor- 

weight win^would S he Can / e Jf en that a cora P ression -load -designed minimum 
lirSIft wings" considerably more flexible than existing commercial 

- v1 _ + f' Practical option for designing a substitution composite wing for an 

S’ C'- an g nnt^ Craft bending and torsional stiffnesses of the wings. 

S fCi. an option would minimize the effort required to requalify the aircraft 

ae^oela.sto.caHy and would minimize induced loads which are transmitted into the 
^ structure of the leading and trailing edge. In figure 21 the results 

SeJinrsSfSsKs te/ePOXy + COm ? ression P anels where their extensional and 
C«cial afrcr,?t are ; constrained to be the same as the values given for the 
ercial aircraft aluminum panels in figure 20. In addition, the practical 
constraint of a minis,™ IJ-em ( 5 -in.) stiffener spacing t-.picl of ?Se 
Wing panels was imposed. (The « data that were presented in fib 19 ale 
iD t f if 21 -prison purposes . ) It can be Ven frU Kg. 

^ " h 1 th Stl * fness constraints result in a significant weight penalty 



for the graphite /'epoxy panels. In fact, the weight of the panels is doubled in 
the low loading index range. However, it is significant that even with the 
severe stiffness constraints, graphite /epoxy panels weigh only 50 percent as 
much as commercial aircraft compression panels. 

During the design study, it was also observed that none of the stiffener 
elements were local buckling critical when the stiffness constraints were 
imposed on the hat-stiffened panels and that the constant 13- cm (5-in. ) stiff- 
ener spacing could be obtained with no further weight increase, '"his suggests 
that simpler stiffeners could be used where stiffness is a severe design con- 
straint and that manufacturing and cost considerations could well dictate the 
stiffener cross-sectional design. Subsequent studies indicated that simple 
blade stiffeners, such as those investigated in reference 23, would meet the 
buckling and stiffness requirements of the substitution composite wing, previ- 
ously discussed, with no further weight penalty. 


Wing Strain Levels 

In the substitution wing panel study presented in the previous section, 
the stiffnesses of the composite wing were constrained to be the same as the 
stiffnesses of the original aluminum wing. Matching stiffnesses (bending and 
torsional) at each station along the wing also result in the operational strain 
levels along the wing being the same. The compressive strain levels along the 
wing span are shown in figure 22 for medium-size commercial aircraft. (These 
strains correspond to the stiffness data shown in fig. 20.) Also shown for 
reference are the corresponding stresses In the aluminum wing. It can be seen 
that the maximum ultimate strain levels in the wing are between 0.005 and 0.006 
at the wing root and drop to very low levels of about 0.0015 near the wing tin. 
Even with matched stiffness constraints, it is recalled that the graphite /epoxy 
wing panels are one-half of the weight of aluminum panels. Thus it is shown 
that graphite /epoxy can reduce the weight of existing commercial aircraft com- 
pression panels by about 50 percent without working the material past strain 
levels of 0.006. 

A stress-strain curve is shown in figure 23 in which three different lami- 
nates of graphite /epoxy are compared with two common aluminum alloys. Although 
some composite laminates such as (±45°) g shown in figure 23 have very large 
strains to failure («0.04), laminates which have filaments in the direction of 
the major load (filament controlled laminates) have failure strains close to the 
failure strain 0*0.01) of a 0° laminate. The (±45°,0 4 ) s laminate is shown as 

being representative of the laminates used in winglike panels. Also shown in 
figure 23 is a band which represents the maximum strain levels at ultimate load 
for present commercial aircraft. Failure data for damaged structures such as 
that presented in figure 18 for impact suggest that a max imum allowable working 
strain level for composite materials must be established and that the allowable 
strain level will be close to that which exists in present commercial aircraft. 
It seems reasonable that some conservative strain design criteria should be 
established for initial primary structural designs for applications to commer- 
cial aircraft. This allowable level of strain could gradually be increased 
with the introduction of design improvements such as softening strips and with 
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an accumulation of design and flight experience on composite components in much 
the same fashion as the accumulation of design and flight experience with com- 
mercial aircraft has permitted the introduction of better aluminum alloys over 
the years. 

Also shown in figure 23 are the maximum strain levels in the DC-10 rudder 
and the L-1011 fin, both of which are being redesigned with composites as part 
of the LaRC flight service program. The rudder and the fin both are stiffness 
designed, and this is reflected in their low operational strain levels, rf 
other advanced composite flight components were added to this chart, a much 
clearer picture of the level-of -loading experience being obtained on the vari- 
ous flight programs would result. 


CONCLUDING REMARKS 


One of the main goals of LaRC efforts on composite design technology has 
been to establish standards against which the performance of structur al com- 
ponents can be measured. In this paper, structural efficiency charts are pre- 
sented for compression panels and shear webs which permit a ready comparison of 
various structural concepts. These charts show that stiffened panels made of 
graphite /epoxy offer a 50 -percent weight savings when compared with comparably 
designed aluminum panels. The redesign of aluminum compression panels for com- 
mercial aircraft wings using graphite /epoxy material is studied. The results 
showed that structural stiffness is a controlling design condition which over- 
rides material strength and buckling requirements. Maximum strain levels at 
ultimate load were found to be less than 0.006 when the stiffnesses of the 
redesigned graphite/epoxy wing were constrained to be the same as the original 
aluminum wing. The relatively low operation strain levels suggest that simple 
wing panels can be used and that manufacturing and cost considerations could 
well dictate panel cross-sectional design. The substitution graphite /epoxy 
panels were about 50 percent lighter than the original aluminum panels even 
with the severe stiffness constraint. The maximum strain levels for three c :n- 
mercial aircraft structural components are compared, and it is suggested that 
such maximum strain levels be used to identify the level-of-loading experience 
being obtained on various flight service programs. 

A review is given of the stability analyses and design procedures used to 
conduct and support the structural efficiency studies. Also presented are 
sample results of an experimental program being conducted to determine the 
impact behavior of graphite /epoxy laminates. Results of the impact studies are 
presented on both a failure strength and failure strain basis. The evaluation 
the impact behavior of laminates on the basis of failure strain permits a 
direct comparison to be made with the maximum strain levels expected in various 
structural components. In fact, it seems that the use of maximum expected 
strain levels should provide a convenient guide for all structural integrity 
evaluations . 
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TABLE I.- COMPUTER CODES FOR THE BUCKLING OF COMPOSITE PANELS 
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KEPRODUCIBILITY of TJI G 
ORIGINAL FAG K G 


SYNTHESIS PR OCEDURES 

— SIMPLE CLOSED FORM BUCKLING SOLUTIONS USED TO REPRESENT 
PANEL BUCKLING BEHAVIOR 


PGP- I -< 


pop- n- 


• TYPICAL DESIGN TIME - 25 seconds 

• EXACT EIGENVALUE SOLUTION TECHNIQUE USED TO DETERMINE 

PANEL BUCKLING BEHAVIOR 


x - TYPICAL DESIGN TIME - 100 TO 300 seconds 
CROSS SECTIONS CONSIDERED 


U O 


If 


LOADINGS AND CONSTRAINTS FOR BOTH POP- 1 AND POP - II 


• COMPRESSION AND SHEAR LOADINGS 

• MATERIAL STRENGTH CONSTRAINTS 

• AXIAL AND SHEAR STIFFNESS CONTRA INTS 

• MINIMUM GAGE CONSTRAINTS 

• STIFFENER SPACING CONSTRAINTS 


Figure 1.- Features of panel optimization design 
procedures (FDP) used at LaRC. 
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Figure I'-.- Weight -strength chart for 
graphite /ep jxy panels under com- 
bined loads. 
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igure 5>- Structural efficiency comparison of graphite /epoxy and aluminum 

o rcrrersi-n panels. (] ]b/in< = S7 68c kg r, 1 !b ir , t .T, k?! J 
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Figure 12.- Structural efficiency comparison of 
graphite ./epoxy and aluminum shear webs. 



figure 13.- Four-point loading frame for sandwich-beam 

Impact specimens. 
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Figure 14 .- Impact initiated failure in tensile 
stressed graphite/epoxy sandwich beams. 
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Figure l8.- Failure strains in prestressed 
graphite /epoxy laminates subjected to 
impact . 
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Figure 19 .- Weight -strength characteristics of medium-size 
commercial aircraft aluminum wing panels, strength- 
optimized aluminum panels, and strength-optimized 
graphite /epoxy (Gr/E) panels. 
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Figure 22.- Compressive strains and stresses in typical 
medium-size commercial aircraft wings. 
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Figure 23.- Typical compressive stress-strain curves for aluminum 
and graphite /epoxy materials with the maximum strain levels at 
ultimate load shown for several structures. 
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.ABSTRACT 


The Advanced Composite Torque Box Optimization Program (ACTBOP) is a 

structural optimization program capable of rapidly evaluating the weight/cost 
merits of torque boxes constructed with advanced composite materials. It was 
developed as a part of the wing and empennage module of the Structural Weight 
Estimation Program (SWEEP) . 

The torque box model in ACTBOP consists of a box composed of tpper and 
lower covers, front and rear spars, root and tip ribs, and internal support 
spars and ribs as required. Box shear, moment, and torsional degrees of 
freedom are considered in the optimization. 

Three types of construction can be analyzed: multispar with conventional 
or honeycomb sandwich covers, multirib with skin/stringer covers, and full 
depth honeycomb sandwich. The substructure, spars/ribs, can be circular cor- 
rugation or honeycomb sandwich panels . 


INTRODUCTION 


ACTBOP is a computer program written to ease the task of preliminary ad- 
vanced design composite wing box. It is capable of rapidly sizing and evalua- 
ting the relative weight merits of various structural wing boxes composed of 
advanced composite materials. Approximately one day is required for input data 
setup. The usual run times on an IBM 370 computer are approximately one minute. 
The algorithm has also been incorporated into Rockwell Los Angeles Aircraft 
Division's Structural Weight Estimation Program (SWEEP) (ASD/XR-74-10) developed 
under Air Force contract F33615-71-C-1922. 

The ACTBOP advanced composite analysis is designed to determine structural 
requirements of torque boxes with all cover and supporting structures fabricated 
from laminated layers of filamentary fibers. The prediction procedure deter- 
mines the necessary number and orientation of fiber layers to provide the 
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strength, stability, and stiffness characteristics required for each element 
of the box. Assumptions are made to adapt detail analysis procedures to the 
quick-response, preliminary nature of the synthesis procedures. liquations used 
to evaluate the behavior of laminated webs under load are based on existing 
detail filamentary analysis equations. Where possible, similarity to the 
metallic structure analysis is maintained; structural idealization assumptions 
and scope of the synthesis/weight analysis procedures are similar. 


WING DEFINITION 


General Behavior of Composite Laminates 


All advanced composite laminates considered in ACTBOP are assumed to con- 
sist only of laminae with 0°, *45% or 90° orientations. The relative ply 
directions for each structural wing box element are defined in Figure 1. Plies 
oriented at 0 degree (longitudinal) are strongest in the axial direction, while 
the *45 -degree piles are best at resisting shear. 90-degree plies are added to 
keep the laminate balanced. Although the order in which these laminae are laid 
up has a bearing on the properties of the laminate, a particular layup sequence 
is not implied in the sizing results; i.e., computations are based on an equi- 
valent number of plies in a homogeneous (as opposed to layered) laminate. The 
laminate layups must, however, be balanced (the number of +45 and -45 plies 
must be equal) and symmetric about its middle surface. The laminate configura- 
tions used in ACTBOP are then 



t45° /90 
m 


O 1 

nj 


s 


where f = number of 0-degree plies, m = number of 145-degree sets, and n = 
number of 90 -degree plies in half of the laminate. 

The stress-strain relationships used in ACTBOP are derived from classical 
lamination theory. Only a summary of these is presented here. Further informa- 
tion is available in the "Advanced Composite Design Guide; Volume III. 

An orthotropic composite material is characterized b^its elastic constants 
E. , E t , G tt , and v TT , and the allowable stresses F Q , F Q , and F45. Further, 
the physical constants p and t are necessary. The stress-strain relation- 
ship for a symmetric balanced composite laminate is expressed by 
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At times, it is necessary to calculate the gross elastic properties of a 

laminate, E and G . The equations used are 
x xy 


E 


x 



t 


(«qJi+ 4nQ 4 n + - 

M + Q]2 * W/,] ' 

[<♦ 


and 


G 

xy 


2t. 


m 


«°n * <5 


X}° n ) + C! + n) 


where t is the laminate thickness. 


All engineering materials are subject to changes in properties at elevated 
temperatures. To account for these changes, all necessary material constants 
are computed in ACTBOP as a function of the design temperature for each set of 
design loads. Straight-line interpolation of the properties between predeter- 
mined control temperature points is used. 


Wing Box Geometry 

The wing box is modeled in ACTBOP as a lcng slender beam composed of covers 
and supporting spars and ribs. This wing is divided into 10 discrete spanwise 
segments bv 11 stations l Figure 2). Geometry is deiined at each station pie- 
scribing the axis of analysis location and physical section dimensions - uidth, 
average box depth, and depths of front and rear spars (Figure 3). 

Torque -box construction types that can be analyzed by ACTBOP include: 


1. Multispar plate cover designs 

2. Multirib stringer-stiffened cover designs 
Full-depth honeycomb sandwich designs 


3 . 



Spar and rib support structures are idealized as sheet 

the webs for these structures can be s tc , h * llar corrugated 

honeycomb panels. Spats my circular corrugation is assumed to have 

spars or honeycomb sandwich r | dlu s. The skin may be 

a 60° corrugation p ”^ ls or honeycomb sandwich panels. In all 

either flat advanced composit p . i w ith the input core properties . 

cases, honeyconto san ^ch menfcers are designed wi tit the ^lnpu^ ^ ^ J f ^ 

Each face sheet is assumed to have the same cu. s 
thickness of a flat advanced composite panel. 

. ctnirtures are assumed to be mechanically fastened 

The cover and support structu integrated torque -box structure, 

at cover- to-spar/rib joints to provi boxes are considered to be bonded 

Face sheets for full-depth honeyco^s^i^boxes arecon ^ ^ 

to the supporting core material. Covct^ serial, replacing relocated 

locally along attachment lines to Lightning protection material 

0-degree lamina, for attachment hoi ^ Surfaces and sealer films to 

(aluminum flame spray) is applied to all exterior surtac 

all interior surfaces. 

For the multirib type of wing box ^^^^er^Se springs or^er 
can be specified for the upper ^wer^ same / stringer areas consist of only 
of elements in each cover will remain of stiffeners are shown in 

0-degree longitudinal plies. The permissible types 

Figure 4. 


STRUCTURAL ELEMENT SIZING 


Assumptions 

At each of the 11 structural analysis ^^ X c“er"l«er 

quirements are synthesized for the f ive J g ribs> or honeycomb core. 

cover; front spar; rear s P ar ’^ 1 ^ withstand the spanwise bending moment. 

The covers and spar resist shear loa d, V. The torsional 

resolved ^into^hear loads resisted by the upper and lower covets 
and the front and rear spar webs. 

„ - "rsassarwr. as: r - “ 

l - tSt loads ’ ”* 



2. All plies contribute to laminate panel stability. 

3. Skin material requirements are analyzed for axial loads and panel 
stability requirements due to combined effects of inplane axial 
and shear loads. 

4. Skin and spar webs are designed to resist torque shear loads. 
Intermediate spar webs are assumed to react part of the vertical 
shear loads. 

5. Laminates are synthesized with integer number of laminae. For honey- 
comb panels, laminate plies are assumed to be equally divided between 
the inner and outer face sheets. 

6. Addition of ±45-degree plies only are made to increase stiffness 
levels of panels with inadequate stability stress allowables. 

7. Addition of t 45-degree plies only are made to torque-box webs to in- 
crease section stiffness to levels required to satisfy torsional stiff- 
ness requirements. 

8. Additional plies oriented at 90° are added to carry' any transverse 
inplane loads. These are chosen as a percentage of 0 and t45 plies. 


Design Loads and Constraints 

Section design loads in ACTBOP are defined in terms of shear (VI , bending 
moment (Ml and torque (T) at each of the 11 wing analysis stations for up to 
20 diilerent loading conditions (Figure 5). Corresponding structural design 
temperatures are also specified. Section torsional stiffness required to pre- 
vent flutter can be prescribed. 

Design constraints dictated by manufacturing requirements can also be in- 
put into ACTBOP. Among these are maximum and minimum number of spars or max- 
imum and minimum spar/rib spacing and the minimum value for 0° and t-L5° plies 
in any laminate. To account for unrealistic sizings of the front and rear spars, 
a factor is provided for the value of the shear load on these spars. 

Bending loads are resolved into axial load intensities, N , for cover design. 
In addition, shear loads, N , are computed for skin and spar designs. The skin 
loads are computed using th^Ptol lowing equations. 
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where C. is the equivalent width of skin in the spar caps 
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N 


xy,uL 


T 

2HW 


w^ er e H and W are the depth and width of the wing box. 


For the front spar (FS) , intermediate spar (IS) and rear spar (RS) : 



where and C ? are front and rear spar load magnification factors. The term 
T/2HW is included only if it increases the magnitude of N . These shear loads 
are used to determine the initial number of m-ply sets in^each spar web. t - 
plies are based on spar crushing loads determined from cover stiffness, load 
intensities, and local geometry parameters. 


2 N “ b 
x 

cr ^sk ^sk 

Where b is the spar spacing and D' the web depth. 

The rib crushing loads due to wing bending are determined in a like manner. 
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Average rib web depth 
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Stability 


In general, four types of structural members need to be checked for 
stability under axial and shear in-plane loads. They are: 

1. Advanced composite plate skins 

2. Advanced composite sine wave spar or rib webs 

3. Honeycomb panel covers with advanced composite face sheets 

4. Honeycomb panel webs with advanced composite face sheets 

Wing box covers are assumed to buckle in an infinite aspect ratio plate 
mode, while the spars/ribs behave as wide columns. The governing stability- 
equations for these structural elements are summarized in Figure 6. 


Stringer Columns 


The integral stiffeners used in multirib designs are sized first for 
strength requirements, then for local stability of flanges and webs, and finally 
for column stability requirements. Local stability requirements are as follows: 

For outstanding flanges: 
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For webs: 
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The stringer load is determined from the strain compatibility relationship 
between the skin and stringer elements. The skin element of the column section 
is made up of ( , m, and n plies whereas the stringer element consists only of 
I plies. The distribution of cover load between the elements is computed for 
any instance where ply makeup of the skin or stringer is changed. I -ply fiber 
stresses for both skins and stringers are checked for compressive and tensile 



strength requirements. Since the elastic properties of the skin is dependent on 

olios Se T S ’i-K m stablli1 ; y is alwa >’ s checked to insure proper proportions of skin 
P . In the programmed logic, stringer area is varied until both the skin and 
stringer are within ultimate strength allowables and the skin is stable Tor c2 
bmed compression and shear loading. e tor com 

on C allOV [ ablo / b/t \ for flange and webs, along with physical constraints 
nimum and maximum dimensions and minimum number of stringer J -plies are 
used to proportion the total developed f-ply length implied in ^he A value 

b b 3 ^dT^ Se fi° n ; ■ lhlS results in strin § er geometry dimensions r for 

wfth VhoS 1 str> - f r n§ reqUlrements for C p /A), (b/t), and t . gage 
With Hhese dimensions, the sectional inertia properties of the st?iRgfr can 

confuted and final determination made for the allowable column length, 

rib’ f the s ^ ln / stringer column. 


The required rib spacing is determined from 
stiffened skins. 


wide column behavior 
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C Column fixity factor 

D col = Stiffene <3 skin bending stiffness 
per unit wing box width 
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design condition: T appllcatlon of the ^ression and shear loads for each 
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If R is greater than 1, the panel is unstable, m -plv sets are thus added 
to the panel until it becomes stable for all design conditions. The num er o 
n-plies is always computed after addition of m-ply sets. 


The stability of each spar web under the combined effects of applied shear 
and crushing loads are checked. If required, m-ply sets are added to stabilize 
the structure. Intermediate rib webs are designed for strength and stability 
requirements due to crushing loads only. The ribs are checked rigidity as 
supports for the cover stringer column under compression loads. The available 
rib inertia, I includes effects of 1- inch-wide upper and lower caps. The 
required web sfi^fness is expressed in terms of El required for the web. If 
the available rib El is insufficient m-ply sets are added to the web. 


Full Depth Honeycomb Sandwich 

Full-depth honeycomb sandwich face sheets are sized initially for strength 
requirements. The skin-core combination is then checked for core wrinkling 
and crushing. 


Core wrinkling: 
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where E’ and G’ refer to the core ana E f to the face sheet 
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Core crushing: 
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where 


p = Crushing load on core 
cr 

p' = Core allowable crushing loa 
c 


, „. t i nns for determining design 

ACTOOP’s synthesis logic “J*'? torque boxes. These include, 

requirements of full-depth honeyco* sandwich rque 
^ . .u„ t the sandwich structure will be 

1. Sizing skin requirementsso dens ities 

stable for specified cots type 

• * = to strength requirements and determining 

2 - S S k »r"Ses to satisfy stability requirements 

3 . Siting for optimum shin/core combinations to satisfy strength and 
stability requirements. 

cnc rrp made bv additions of m-pi> 

in cases 1 and 

iSttfi; treat ed°as >6 »> G i ^ “ ' 


= 2.13 


= 2.43 


;» = 0.40 


[t-J“ 

ft> ■ ft) 


2 0 .0338 
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In the foregoing equations, p,, 1-^ , H and G^. reler to the core material 

and p', G' and F." refer to the core. 
r c c c 


Stiffness Requirements 

Torque-box stiffness at each station is estimated based on procedures 
similar to those used in the metallic analysis. For output evaluation of 
stiffnesses, a reference design temperature is specified so that computed HI 
and GJ at all stations are compatible. There additional stiffness computations 
are made as required. These are made at analysis temperatures specified for 
flutter design and at the design points for flexible loads and flutter optimi- 
zation analysis. In all cases, El’s and GJ's are computed for the final lamina 
sets resulting, first, from strength and stability sizings and, second, from 
the results of the flutter stiffness analysis. The section stiffness is derived 
as the sum of the stiffness contribution of each element. 

The value of GJ for the wing box section is calculated from: 


GJ = 



Where s is the length of a particular element, t if its thickness and G is 
its shear modulus. A is the area of the wing box. 

The value of El is calculated from 



i = skins , stringers 


For strength- designed sections that must be resized to meet flutter 
stiffness requirements, integer number of m-ply sets are added to the four 
elements contributing to the section torsional stiffness; upper and lower skin 
covers and front and rear spars. The m-ply sets are added to the thinnest ele- 
ment first until its thickness is equal to the next thinnest clement or the 
required stiffness level is met. Additional plies are added in an ordered manner 
so that, in the extreme case, the four elements will consist of ply sets produc- 
ing equal thickness webs. 


til 



WEIGHT ANALYSIS 


Results of the structural analyses are trails formed into predicted weights 
at. each of the 11 analysis stations representing the final assembly structure 
or the wing box. Structural weight per unit span length and panel weights are 
computed during each optimization loop; the total predicted weight is used to 
select the optimal design. Panel weights for each of the five torque box 
elements plus miscellaneous structural provisions for manufacturing and fabri- 
cation are computed, summed and printed for output evaluation. The weight 
analysis provides the detail information required to compute vehicle mass dis- 
tribution data. Detail structural and weight data are also available for 
support of ;orque box manufacturing cost studies. 


TORQUE BOX OPTIMIZATION 


Multi spar 


A single -level optimization search procedure is used for the svnthesis of 
multispar torque boxes. The total torque-box weight is optimized with respect 
to the number of cover support elements - intermediate spar webs. The search 
loop is designed to select the spar spacing that will produce the minimum 
torque-box weight. Search parameter value checks are made so that it is be- 
tween minimum and maximum values. These limit values, which can be controlled 
Y . e user > insure that resulting sizings will reflect practical producible 

Hoc 1 rm e 1 


Design values for intermediate spar spacings or number of elements at each 
station is specified during each analysis pass, determining the unique cover 
plate dimensions between supports, b Cover and web loads are computed based 
on this value. Each element is then sized to strength and stabilitv require- 
ments Plate width for cover stability evaluation is based on the spar spacing 

s' ^ OCal depths ’ adjusted for cover plates and cap thickness allowances are 
used for the height dimension in the web stability analysis. 


The total torque-box is initially sized for strength and stabilitv under 
the imposed design loads. Total weight computed at each station consists of 
t e ive major elements, upper cover, lower cover, intermediate spar caps and 
webs, front spar caps and web, and the rear spar caps and web. Miscellaneous 
items include the mechanical attachment provisions at cover-spar joints spar 
web protective finish, and honeycomb core and bond weights for hcnevcomb panel 
spar designs. Torsional stiffness computations arc made and flutter stiffness 
checks and resizings made as required after the optimum design is selected. 



Multi rib 
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AN AEROELASTIC TAILORING STUDY 


OF A HIGH ASPECT RATIO WING 


By Lt Kenneth E. Griffin 
Air Force Flight Dynamics Laboratory 

SUMMARY 


A study is made of various aeroelastic tailoring objectives and the impact 
of design freedom on those objectives for a composite wing. A modified version 
of the General Dynamics /AFFDL TSO wing optimization program including control 
effectiveness and wing inertial loading effects was used to study a high aspect 
ratio sweepable wing. Several composite wing designs are compared with various 
tailoring objectives of minimum weight, load relief, control effectiveness, and 
flutter. Designs are compared on the basis of weight, angle of attack require- 
ments for similar trimmed load factors, trim angle, flutter speed, control 
effectiveness, configuration flexible lift to rigid lift ratio, divergence 
dynamic pressure and wing pivot load levels. 


INTRODUCTION 


Aeroelastic tailoring is a lifting surface design concept in which the 
coupling that exists between the airloads that act on an aircraft lifting sur- 
face and the elastic characteristics of the wing structural box that must react 
these airloads is exploited for maximum benefit. This coupling occurs because 
the airloads on a wing are sensitive to the elastic deformations of the wing 
while the elastic deformations of the wing are a function of the airloads. 
Aeroelastic tailoring, first and foremost, is used to eliminate unwanted aero- 
elastic phenomenon such as flutter, divergence, control reversal, and violation 
o ^stKiigth criteria for the design at any of the required design points of the 
lght envelope. If there is suffic ent latitude to manipulate the design, the 
static airloads can be better tuned to give improved performance at various 
design points of the flight envelope. As these tailored designs are developed 
the designer must always be sensitive to the weight changes that may occur due 
to aeroelastic tailoring and the potential manufacturing difficulties that 
might be incurred with a highly tailored design approach. It is this effect on 
manufacturing that requires more information, and this study attempts to gene- 
rate some trend information in this area. 

In this study a high aspect ratio wing is selected to investigate four 
aeroelastic tailoring objectives. Eight levels of structural box design freedom 
in fiber orientation and ply distribution are used to evaluate the impact of 
these levels of freedom on the capability to accomplish the tailoring objectives 
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From the resulting tailored designs some insight is obtamed on tradeoffs that 
must be made in future wing designs between aeroelastic effectiveness and 
design simplicity when these present conflicting requirements. Some of the 
results obtained thus far from the study are presented here. This study is an 
ongoing one that will continue to explore areas mentioned here with variations 
in the ways in which each of the objectives are pursued to determine sensitivi- 
ties to analysis types and modeling methods used for these analyses. 


PRACTICAL CONSIDERATIONS FOR AEROELASTIC TAILORING 


The level of tailored aeroelastic response of many tailored designs using 
advanced composite materials can be limited by restrictions in the freedom the 
designer has to specify fiber orientations and the ply distributions, and the 
amount of freedom a designer has can be very dependent on the required mission 
for that aircraft. If, for example, the concept of softening strips is used in 
the wing box covers to allow fastener penetration of the tension cover or for 
crack arrestment, certain restrictions could be imposed on the fiber orienta- 
tions and distributions. The primary load carrying fiber orientation would 
probably prescribe the direction of the softening strip. For fastening the 
covers to conventional substructure, the strips would be required to be paral- 
lel to the spar direction. This type of requirement then "defines” the primary 
load carrying fiber orientation even before aeroelastic tailoring can begin. 

As more information becomes available, minimum requirements in softening strips 
for cross ply angles and thickness imbalance may put further restrictions on 
tailoring design freedom. How close to a 145° ply angle array must the cross 
plies be; or, at any point in the softening strips, how close to an exact 
balance in number of cross plies does the "soft" region have to be? What is 
the efficiency trade between the above concepts, off angle vs. unbalanced 
thickness? What is the weight trade and/or performance trade for these con- 
cepts? Another requirement will be manuf acturing simplicity. Certain minimum 
ratios between number of cross plies and/or primary plies may be required for 
prevention of warpage or for thermal match to a substructure of a different 
type of material. To minimize scrapage or maximize automated layup efficiency 
certain restrictions may be made on the degree of tailoring in the composite 
covers for the structural box either in fiber angles or the amount of sculp- 
turing in ply distributions. It is these restrictions on orientation angle and 
requirement of cross ply thickness balance that defined the design freedom 
cases addressed in this study. It should be emphasized that the trends in 
these areas may be very sensitive to wing geometry and relative requirements 
for flutter and control effectiveness, and the results for this wing may not 
translate to configurations of greatly different geometry or performance. 


CONFIGURATION DESCRIPTION 


The wing geometry used in this study is shown in Figure 1. The wing is of 
the variable sweep type with the pivot and tructural box as shown. The con- 
figuration chosen for this evaluation is at a wing sweep angle of 26 ° and a 


gross weight condition of 72,750 pounds. The flight condition for considera- 
tion here is sea level at a Mach number of .88. The wing fuel tanks are empty 
and the static design condition is a symmetric pullup with a load factor of 
7.33 g r s. 

A variable geometry wing was chosen to simplify the comparisons in wing 
root moment reactions. With a typical cantilever wing various load paths would 
be defined to transmit wing loads into the fuselage at the wing root/fuselage 
intersection, depending on whether a load relieving, maximum flutter speed, or 
minimum weight design was chosen. In the example used here, all loads feed 
through the pivot pin, regardless of the aeroelastic objective emphasized. The 
low value of sweep of the wing was chosen to keep the wing aspect ratio high. 
The high load factor used was consistent with that required of similar aircraft 
thus making the wing box depth, gross weight, and load factor of proper rela- 
tive proportions. The control surface used in this study does not appear on 
many vehicles of this type , but rather these vehicles use spoilers coupled with 
the empennage for roll control. The control surface (an aileron) was used in 
this simulation to examine whether aeroelastic tailoring could make it usable 
for a reasonable weight because this type of high aspect ratio configuration 
classically suffers from loss of control effectiveness with conventional trail- 
ing edge devices. Thus, this should be considered a limiting case and feasibi- 
lity study only. For some aeroelastic tailoring objectives, the control sur- 
face was not considered. Flutter calculations were made only for the subsonic 
case and a flutter speed requirement of 1242 km. /hr. was used. Studies also 
were made to meet an 1853 km. /hr. requirement using mass balancing along with 
stiffness changes and are included here for comparisons. A minimum value of 
.20 was chosen as the control effectiveness requirement for those studies in 
which this parameter was included. The control effectiveness parameter is 
defined under the computer program description. For simplicity of discussions, 
the distributions of numbers of plies over the box planform will be referred to 
as ply distributions of a particular orientation. This does not refer to a 
variance in the standard prepreg ply thickness. In all cases high strength 
graphite epoxy r aterial values were used in the structural simulation. In all 
references to ply angles, 0° is defined as that parallel to the middle spar in 
the structural wing box which is approximately the mid-chord sweep of the wing. 
The angle sense of + or - was chosen to be negative for all angles of higher 
sweep than the middle spar and positive for angles less than that. 


COMPUTER PROGRAM DESCRIPTION 


To develop the various designs used in this study a computer program was 
used that was developed specifically to produce preliminary designs with opti- 
mized aeroelastic qualities. The program. Wing Aeroelastic Synthesis Procedure, 
TSO, was originally developed for AFFDL by General Dynamics, Fort Worth, 
Reference 1. This version of TSO was modified by the author to include, either 
as a constraint or as a merit value, the flexible/rigid roll ratio, or roll 
effectiveness, of a trailing edge control surface on the wing. This modifica- 
tion was intended to make the optimization process sensitive to losses of 
effectiveness of a trailing edge control surface due to the elastic character- 
istics of the structural box, as well as other effects such as flutter, 
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divergence, flexible lift curve slope, flexible lift to rigid lift ratio, 
structural weight, and lamina strain capacity. As formulated each of these 
items were treated simultaneously in an optimization procedure based on math 
programming methods. A Fiacco— McCormick penalty function, Reference 2, was 
used with a Fletcher- Powell one dimensional minimization technique, Reference 3. 
Aeroelastically corrected airloads were obtained using a program based on the 
Woodward-Carmichael approach. Reference 4. Unsteady subsonic aerodynamics were 
obtained from a modified Doublet-Lattice procedure, Reference 5. The idealiza- 
tion for structural simulation with TSO can be seen in Figure 2 with the static 
aerodynamic simulation in Figure 3 and unsteady aerodynamic simulation in 
Figure 4. The structural parameters available to be optimized with TSO were 
the ply distributions and the fiber orientations of up to three layers of mate- 
rial in the cover skins of the structural box. Also up to ten nonstructural 
balance masses could be used for flutter speed improvement. A complete 
description of TSO can be found in Reference 1. 


Control effectiveness computations were made using only the effects of the 
elastic structural wing box and were steady state calculations only. The con- 
trol surface itself was rigid for this simulation. It was given a deflection 
angle and an effectiveness ratio was then obtained based on the ratio of the 
rolling moment obtained from the flexible wing divided by that from a hypothe- 
tical rigid wing. 


GENERAL DESIGN OBJECTIVES AND CASE DESCRIPTIONS 


Several objectives of aeroelastic tailoring were pursued in this study. 
First, a low structural weight objective was pursued. This is a requirement to 
remove as much structural weight as possible and find a balance between the 
conflicting requirements of structural strength for minimum lamina strain and 
structural stiffness for control effectiveness and preventing flutter or diver- 
gence. For this type of wing important parameters can be the moment and shear 
carried at the pivot during high g maneuvers. For thrs reason a second objec- 
tive, which decreases the flexible lift to rigid lift ratio (referred to 
henceforth as F/R ratio) while striving for a minimum of structural weight, was 
pursued to provide more washout of high g airloads. This objective can result 
in a wing design providing an overall shift inboard of the resultant air loads 
and a decrease of the moment and shear requirements at the wing root. This 
objective was examined with and without a control effectiveness requirement. 

A third objective pursued was that of an increase in the roll effectiveness of 
a wing aileron. While a minimum of .20 was the required value for the other 
designs on which it was imposed as a constraint, the control effectiveness for 
this objective was specified at .45 while developing a design at a minimum of 
weight. The fourth objective addressed was that of minimum weight with an 
increase in flutter speed. In conjunction with this objective, flutter mass 
balancing variables were activated. An added tool available to the designer 
when dealing with flutter is the use of small, non-structural masses located 
on the wing which affects the inertia contribution to the aeroelastic coupling 
involved in flutter instabilities. These were included to observe any poten- 
tial they may offer in tailoring a wing that only needs mass increases for 


flutter improvement. The required flutter speed for this fourth objective was 
increased to 1853 km. /hr. 

In order to develop trends of impact from non-aeroelastic. tailoring 
restrictions on aeroelastic tailoring efforts such as those discussed in the 
Introduction, each objective was examined with eight design cases. These 
design cases allow different parameters to be manipulated as design variables 
in order to achieve the aeroelastic objectives. These cases are summarized in 
Table 1. Progressing from Case 1 through Case 8, the gradual increase i-i 
design freedom should be noted. Case 1 prescribes a 0°/±45° orientation family 
with the further requirement that cross ply (±45°) distributions be the same 
everywhere in the box covers. Thus even though the number of plies in either 
the +45 or —45 direction varies continuously in the wing box covers, they are 
always in exact balance with each other. This could correspond to a severe 
limitation on aeroelastic tailoring of a high aspect ratio wing. Case 2 
relaxes one of the requirements of Case 1 in that the cross ply distributions 
are not required to be the same anywhere in the covers. Case 3 allows the 
cross ply orientations to deviate from the increment of 45° to some other angle 
$, thus providing a 0°/±3° family. In case 3, however, the distributions for 
the cross plies are required to be the same. The balance requirement for the 
cross plies is relaxed in Case 4. Case 5 removes all angle requirements on the 
dX)£>s plies, having only the 0 orientation as a fixed value and allowing the 
cross ply thicknesses to be independent. Case 6 develops a new fiber orienta- 
tion family by allowing the original 0° orientation to be a variable, with the 
cross ply angles required to be linked in ±45° increments giving a family of 
0/0+45°/0-45° . In Case 6 the cross ply distributions are required to be the 
same. In Case 7 the linkage of the cross ply distributions of Case 6 is 
removed. Finally, in Case 8 all ply orientations and their distributions are 
independent variables. This last case should give an indication of the maxi- 
mum amount of tailoring available in the covers with the TSO procedure. In all 
designs at least part of the objective includes a requirement to reduce weight 
to a minimum. However, as will be discussed later, for objectives other than 
minimum weight only, certain aeroelastic parameters are given more importance 
in the optimization process than weight in order to emphasize the desired 
objective. This will force the design process to sacrifice some weight reduc- 
tion to allow these aeroelastic parameters to achieve their desired values. 

In order to develop the various designs the TSO procedure must begin with 
a design that satisfied all the required values of the constraint set such as 
flutter speed or control effectiveness. From that point it optimizes the 
available design variables to produce the design that provides the best com- 
promise between these constraints and those qualities such as weight or control 
effectiveness that are to be tailored into the wing design. To begin the 
optimization process, therefore, a very heavy but conservative design was used 
as a starting design point. Beginning at a wing weight of 1641 kg. with a 
control effectiveness of .77 and a flutter speed of 3484 km. /hr. , the design 
procedure was allowed to reduce the weight of the design using only the design 
variables available in Case 1 until all of the constraints became active in the 
design process. The resulting design of 956 kg. with a flutter speed of 2713 
km. /hr., a control effectiveness of .45, and F/R ratio of .86 became the 
starting point for all the case results described below. 


In order to allow maximum freedom for each case to follow its own "path" 
in the optimization process to a design optimum, as much conservatism as 
possible is needed in the starting point. This starting design was chosen to 
provide the best compromise between maximum independence of the cases and the 
penalty function sensitivity to ply angle changes when thev were variable. For 
certain objectives such as low weight, the penalty function is formulated so 
that it is sensitive to fiber angle changes only in their effects on the proxi- 
mity of the design to its constraint values. The starting design then must 
ave characteristics such as flutter speed or lamina strain values close enough 
to their defined limits so the penalty function value is sensitive to ply angle 
changes. Optimization of fiber angles also appears sensitive to the nonlinear 
effects of certain constraints such as divergence or control effectiveness, and 
unless vibration modes are recalculated for each flutter speed evaluation the 
angle minimization process can be confused. As will be seen in the results 
presented later in some of the case comparisons these effects were observed and 
account for inconsistency in some of the values from Case 1 to Case 8 . To 
maximize the objectivity for developing trends from the final results, the 
optimization process was allowed to proceed without adjustment from the opera- 
tor, generating these inconsistencies. It appears that including ply angles as 
variables in the aerce last ic tailoring process using TSO with a very conserva- 
tive starting point requires close monitoring by the operator to prevent incon- 
sistent results. Work is being done now at AFFDL to allow a more "hands off" 
approach to angle optimization using TSO with conservative starts, but this 
work has not been completed. 


DISCUSSION OF RESULTS 


Low Weight 

The first objective studied, low structural weight, developed the best 
compromise between structural weight and the design requirements without special 
emphasis on any aeroelastic parameter. For these designs the control effective- 
ness became the dominant constraining factor for removal of weight. The results 
for this aeroelastic tailoring objective are summarized in Table II. In this 
table certain design parameters or characteristics of the designs are presented 
for each of the eight cases examined. In this table and those that follow the 
angle a is the angle of attack required of the aircraft in order to obtain the 
required load factor. Along with ot, the required trim angle of the horizontal 
stabilators , 5 tail , is given to indicate trends in trim drag changes that could 
ftom the tailored designs. The last three angles in the table, 61 , 0 2 , 
and 9 3 are the fiber angles of the three layers of advanced composite material 
that make up the covers for the structural box. The weights give' are for the 
skins of the structural box only which are the structural members that are 
variable in this design procedure, 

Tlie values for weight follow no general trend in Table II because the 
requirements from the maximum lamina strain constraint were affected differently 
for each case of the study. In some cases a weight increase was allowed to 
reduce the lamina strain intensity. One trend that appears in Table II, how- 
ever, is that when the requirement that the cross plies must be balanced is 
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removed as in going from Case 1 to Case 2 or from Case 3 to Case 4, little 
weight is saved. Upon examination of the strain field in the structural box, 
only a reduction in intensity was found in critical strain areas. Of the 
design sets the ply distributions for two examples, Case 1 and Case 6, are 
plotted in Figures 5 and 6 respectively, to indicate the degree of sculpturing 
for each. In these figures, contours of constant numbers of plies are shown 
for each of the fiber angles with the fiber angle and the maximum and minimum 
thickness areas noted. These designs would provide balanced cross plies for 
softening strips but may require alteration near the center of the box due to 
the small number of plies in the cross ply directions in that area. In these 
examples Case 1 demonstrates that almost no penalty is incurred in the tailor- 
ing objective when producing the most restrictive material distributions and 
fiber angles. The result of the minimum weight designs show little to gain in 
weight saving by allowing freedom to reorient ply angles and/or decouple cross 
ply thicknesses for this aspect ratio. These examples may indicate that for 
high aspect ratio wings with conflicting constraints there is little to gain 
with complicated material layups when only low structural weight is required. 

It should be noted that one would expect a 0° ±45° orientation system to do 
quite well in this high aspect ratio wing. This balanced material requirement 
is emphasized by the mutually conflicting requirements of lamina strain and 
control effectiveness. While the maximum lamina strain constraint tended to 
push the designs toward a washout condition in order to relieve the root strains 
due to the airloads, control effectiveness tended to require a more washin 
design. Thus, to correctly find a compromise between these, the resulting 
minimum weight designs tended to be very conventional in their layouts. 


Load Relief at Low Weight 

Table III summarized the various case results for the design exercises 
wherein considerable load relief was emphasized along with a minimum of struc- 
tural weight and is compiled in a similar manner to that of Table II. There is 
one difference in the parameter list. As discussed below, the control surface 
on the wing was removed and therefore no control effectiveness was calculated. 
This parameter was replaced in Table III with the value of the bending moment 
in the wing pivot due to the wing airloads for comparison of the ability of the 
various cases to reduce the pivot requirements. As seen from the previous 
minimum weight designs, the control effectiveness tended to counter any tendency 
in design to develop washout for load relief of the lamina strain constraints. 

It was felt that an aircraft requiring load relief for high g maneuvers could 
satisfy roll control requirements with spoilers only. For reference, however, 
the cases were run for this objective with the control surface included and are 
tabulated m Table IV. In Table III the case results without the control sur- 
face followed the same trend except for Case 7. In order to provide more load 
relief in the wings the F/R ratio must be reduced. Note that the structural 
weight does tend to go up, but the design process was formulated to give much 
more emphasis to reducing the wing F/R ratio than reducing weight which forced 
t e process to give up considerable weight savings in some cases to reduce the 
wing F/R ratio. With unbalanced cross plies, Case 2 was able to save some 
weight with only a slig.it reduction in the F/R ratio, however. A very similar 
pattern developed between Case 3 and Case 4. Note in these cases no collective 


rotation of all the fiber directions was allowed. The ply distributions for 
Case 2 can be seen in Figure 7. Case 6 shows that if collective angle changes 
are allowed, even with coupled cross ply distributions, the ability to collec- 
tively rotate the ply orientation family approximately 20° aft allowed a reduc- 
tion in wing F/R ratio. Case 7 is an anomaly in which more weight produced an 
inferior design and cannot easily be explained. It is, however, interesting 
that this design case had a significantly lover intensity strain field than the 
other cases which may have been the best result available to the optimization 
process. With the added power of independent cross ply angles and distribu- 
tions, Cases 5 and 8 showed the best capabilities to reduce the wing F/R ratio. 
When allowed to vary the primary load carrying fiber directions as in Case 8, 
the best design for reducing wing F/R ratio was found and the ply distributions 
for Case 8 can be found in Figure 8. It should be pointed out that a large 
drop in flutter speed resulted in Cases 5 and 8 which indicates a limiting con- 
sideration for direction of tailoring static airloads to washout even without 
a control effectiveness requirement. The results of these designs seem to 
indicate that if at all possible in order to emphasize the load relief charac- 
ter of a wing of this type the cross ply fiber angles should be allowed to be 
independent or at least move collectively. Cross ply orientations of ±8 other 
than ±45 do not seem to be of much advantage while the reference primary load 
carrying ply orientation is held constant. While rotation of the ply angle 
family is very powerful, there is a significant increase in payoff in a lower 
wing F/R ratio over even this approach when the maximum design flexibility is 
given to the aeroelastic tailoring process of independent fiber directions and 
ply distributions. To highlight the advantage in pivot loads using a load 
relief design a comparison can be made between the pivot shear load, bending 
moment, and torsion moment between designs of different F/R values. For a 
value of .70 for F/R the shear load was 4.31 X 10 11 dynes rather than 5.43 X 
10 11 dynes for a F/R value of .82. Similarly the bending and torsion moments 
dropped from 1.65 X 10 1 3 dyne-cm and 1.13 X IQ 12 dyne-cm for a F/R of .82 to 
1.21 X 10 12 dyne-cm and 6.87 X 10 11 dyne-cm respectively for a F/R ratio of 
.70. Thus considerable benefit can be obtained in pivot stress for high g 
conditions by an aeroelas tically tailored washout condition. Based on these 
design results perhaps the most effective way to obtain load relief in high 
aspect ratio composite wing boxes is to allow direction of the fiber to vary 
from the C°/±45° family. This angle rotation may conflict with the requirement 
for the primary load carrying fibers to be parallel to substructure spars for 
attachment with softening strips. If the cross ply arrangement of Case 5 is 
satisfactory for this design geometry, Case 5 may be the best compromise for 
tailoring for washout with substructure requirements, but further studies would 
be required to obtain the best tradeoff between low weight and low F/R. 

The results in Table IV show how much the requirement of a minimum value 
of control effectiveness may restrict the capability to provide load relief. 
There is little gained between all the cases shown in Table IV in producing a 
low value of wing F/R ratio. In fact, in those designs where the linked cross 
ply angles were variable the design procedure found more value in reducing the 
intensity of the strain field than in reducing the wing F/R ratio. Case 3 
suffered from critical divergence problems and produced an unsatisfactory design 
result. The collective angle rotation available in Cases 5 through 7 produced 
some reduction in the F/R ratio but was limited by the control effectiveness 
requi rement . 



Increased Control Effectiveness at Low Weight 

As a third aeroelastic tailoring objective, the minimum control effective- 
ness requirement for the aileron was increased from .20 to .45. This was 
imposed on the weight optimization runs that repeated the cases of Table II. 

The results for these runs are presented in Table V. First note the results 
of Case 1 versus Case 2 and then Case 3 versus Case 4. When the cross ply 
distributions were allowed to be independent for Case 2, the ability to produce 
the required effectiveness was so improved that not only did the weight go down 
but the effectiveness of the control surface as a function of wing box stiff- 
ness was more than doubled that of Case 1. This is best understood by examina- 
tion of the ply distribution changes between Case 1 and Case 2, Figure 9 and 
Figure 10. In Case 1 the cross ply distributions are apparently arrayed to 
maintain a high torsional stiffness to reduce the loss in control effectiveness 
to .61. In Case 2, huwever, the plies swept 45° aft of the 0° plies are much 
higher in number, almost that of tne 0° plies. With this great emphasis on the 
aft swept 45° plies, the elastic response produces an increase in rolling power 
over that for a rigid wing. Notice that the F/R ratio follows the same trend 
as that of control effectiveness. Increases in control effectiveness for out- 
board ailerons of this wing geometry demand a more washin response from the 
structural box raising the F/R ratio. This agrees with the trend found in the 
previous load relief objective where the washout load relief designs were 
limited by control effectiveness requirements. In Cases 6 and 7 upon examina- 
tion of the ply angles, it would seem that a washout design was developed 
rather than a washin design, as shown in Cases 1, 2, 3, and 4. However, when 
the deflections of the wing under the aeroelast ically corrected airloads are 
calculated, the wing actually has washin behavior, both in Cases 6 and 7. Note 
this is '°lso c '.sistent with the values of the F/R ratio. When the cross ply 
distributions are allowed to develop independently, once again weight is saved 
and the control effectiveness is at the same time improved. In Case 6 the 
dominant plies are the coupled cross plies, whereas in Case 7, where mere design 
freedom is allowed, the most dominant is the aft swept cross ply. This emphasis 
in the aft swept cross ply then in one way redefines the so-called primary load 
carrying fiber direction since this cross ply distribution (the -45° orientation 
of the 0/0 4*45° /0 -45° family) is much thicker than that of tne plies associated 
with the 6 direction. The cases which free ail but the 0° direction (Case 5) 
and free all variables (Case 8) did not provide superior designs. In these 
cases, optimum designs were found with less structural weight removed in an 
apparent attempt to improve the balance between the conflicting requirements of 
flutter, control effectiveness, and lamina strain. 

In summary the increase in control effectiveness requirements tended to 
reduce the elast -.c washout character of the wings. The most effective means to 
accomplish increased control effectiveness was to increase the number of plies 
in the orientation with the most aft sweep. This allows a 0°/+45°/-45 design 
to be very effective, but has a limitation if the 0° orientation must remain 
the primary load carrying rf fiber direction say for softening strip reasons. 



Increased Flutter Speed at Minimum Weight 

Tlie fourth objective was to examine the impact that changes in the 
required flutter speed could make in the tailored composite covers for this 
cype of wing geometry. Also included in this study are nonstructural lumped 
masses along the leading edge of the wing box to be used for flutter mass 
balancing. These are allowed to vary in weight if the optimization procedure 
u- u that sma11 increases in their weight provide flutter speed increases 
which are more beneficial than the penalty derived from their increased weight. 
For the cases in this objective the required flutter speed for this wing was 
arbitrarily increased from 1242 km. /hr. to 1853 km. /hr. The minimum weight 
cases of Table II were then rerun with the balance masses activated to observe 
the changes in resulting designs. These results are summarized in Table VI. 

In Cases 3 and 4 the cross plies have only been moved just slightly off of 
their original ±45° values. This indicates that the choice of ±45° orienta- 
tions in cross plies for this design is very effective in providing the tor- 
sional stiffness necessary for the flutter requirements as intuition would 
suggest. Only a small variation in the cross ply distributions of Case 2 from 
those of Case 1 occurred and indicate that the balanced cross plies are very 
efficient. This same trend is seen between Cases 3 and 4, in which the balanced 
character of the cross plies is changed only slightly to improve the lamina 
strain field for the trimmed g condition. In Figures 11 and 12 the similar 
character of these designs (Cases 1 and 4) can be seen in ply distributions of 
the three fiber orientations. In Cases 6 and 7 the 0/9 +45°/6 -45° family is 
swept aft with the cross ply distributions dominating the 0° plies. Once again 
even in Case 7 where the cross ply distributions were allowed to vary indepen- 
dently, they remained almost identical. Some weight savings were achieved by 
rotating the orientation family while providing some improvement in tl'e strain 
field. Case 5 duplicated in many respects Cases 1 through 4, 6, and 7 in the 
way the cross ply angles moved and the similarity of cross ply distributions. 
Note that in Case 8 where there is no requirement for 0° plies a significant 
ciange is seen from the other cases. Here a better balance between requirements 
on the lamina strain field and the flutter requirements was developed. There 
n ^Mc"! t !.r iskt improvement case in any of those run, probably Decause 
the U /+45 / *o orientation is a good family for torsional stiffness, which 
also requires little imbalance between the cross ply distributions. With 
flutter speed as the major constraining factor, meeting its requirements for 

t is high aspect ratio wing does not require unusual ply orientations or dis- 
tributions. 

The other factor to be examined in this objective was mass balancing in 
lieu of structural stiffening. Normally this flutter improvement is saved for 
solving flutter problems in cases wherein stiffness changes are not allowed and 
only small amounts of mass are very beneficial. In the designs of Table VI, 
small nonstructural weights were allowed to be varied by the optimization 
process along with the other structural variables. In all of the cases where 
the cross ply distributions were tequired to be balanced, there was no signifi- 
cant weight increases in the balance masses. In the other cases, except Case 2, 
there were significant balance mass increases in various leading edge locations. 
As an example 5.7 kg were added in Case 8 along the leading edge at the 60% 
span location. These different locations depend on the variations in the 
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natural vibration mode shapes that coupled, producing the critical flutter 
instability. Many more designs must be examined before a conclusion can be 
drawn, but this trend might prove interesting as more experience is gained with 
flutter problems in composite structures. The amount of mass balancing used 
will be very sensitive to mass location and f"he fora of coupling occuring for 
flutter. In these studies only clean wing flutter is examined which classi- 
cally produces a bending-torsion instability. Based on these results there can 
be some ^alue in nonstructural balance mass for flutter instabilities but it 
seems a function of the other structural variables available in the tailoring 
process . 


CONCLUSIONS 


While more studies with different combinations of structural variables 
available for aeroelastic tailoring are needed, some conclusions can be drawn 
from the trends indicated thus far. Of the aeroelastic tailoring objectives 
studied the load relief objective would suffer the most from restrictions in 
fiber orientations due to cover softening strips to match the sweep angle of 
substructure members or damage tolerance. There seems to be much more design 
power in load relief with changes in fiber angles. Control effectiveness 
requirements force the wing design towards a washin condition. This may con- 
flict with lamina strain requirements due to increased outboard airloads of 
washin designs and force a middle-of-the-road compromise that may appear to be 
very conventional both in ply angles and their distributions. This would then 
integrate well with softening st~ip requirements. If control effectiveness is 
emphasized for high aspect ratio wings, then unbalanced cross plies are most 
effective. This unbalance, if extreme, may conflict, however, with the cross 
ply distribution required for softening strips. Severe flutter requirements 
can be best met witn a large number of cross plies. Mass balancing for primary 
surface flutter needs many more design applications in aeroelast ically tailored 
wings to draw general conclusions. Here they showed only a limited capability 
to remove the conflict of high torsional stiffness for flutter requirements and 
the flexibility needed in load relief designs. 

The results developed in this study so far have been used co build on some 
basic aeroelastic tailoring concepts identified earlier in Reference 6 and will 
be used to guide further studies to establish the potential as well as limita- 
tions that can be expected for aeroelastic tailoring for this type of geometry. 
While of preliminary design level in analysis depth, these conclusions are 
expected to be applicable as more detail is developed on each design case. 
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Figure 5»- Ply distributions for low weight. Case 1. 
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Figure 7 .- Ply distributions for load relief. Case 2 
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Figure 9 .- Ply distributions for increased control 
effectiveness. Case 1. 
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Figure 10.- Ply distributions for increased control 
effectiveness. Case 2. 
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Figure 11.- Ply distributions for increased flutter 
speed. Case 1. 
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ADVANCED DESIGN COMPOSITE AIRCRAFT 


By R.N. Pad cock 
Grumman Aerospace Corporation 


SUMMARY 


The results of preliminary design studies of the Advanced Design Composite 
Aircraft (ADCA) are described in this paper. Design criteria and requirements 
were defined and parametric trade studies were performed to identify the 
preferred air vehicle. The objective of this study is to ^pply advanced 
composites to a completely new aircraft in an unconstrained manner and so 
obtain an aircraft which is smaller, lighter and cheaper than its advanced 


INTRODUCTION 


f.? bJe P 1V f of the Advanced Design Composite Aircraft (ADCA) program 
L f benefits and ramifications of unrestrained application of 

composite materials to a completely new aircraft. The specific objective 
is to develop an airframe design which will be almost entirely made from 

! ! n ^ S and ^ SO obtain a smaller, lighter and less expensive 
craft which wail perform an identical advanced tactical mission at lower 
-Liie cycle costs than its metal counterpart. 

H^-Mf ne T 1 u! 10n ^oPT te<i f ? r tMs Study ls a su Personic penetration inter- 
on fighter (SPIF) mission, a mission which provides a demanding s«t of 
requirements and so exercises the properties of composites to their fullest 
I o should also yield maximum potential payoff from unrestrained use o*' + h e <= e 
materials Furthermore, the SPIF mission addresses the serious threa* of 
advanced SAMS and interceptors likely to be encountered in the 1980's. 

Ken;;S/?k?; s S i£ Mr?orce 8 So^^^? rat0ry Pr0gra, °' ^ ^ 


MISSION ANALYSIS 


The Supersonic Penetration Interdiction Fighter 1 SPIF) concent holds 

f f” 1 ;; fo r — * S tri k /,i ssl0 „ a 

targets made unavailable to exsisting systems by increasingly sot^i^icated 

th "» t «"»»**.. =«i*ned a p^lVic.nrfor e ;L e 2o;; 1 '! : d . k 
SPIPvUl penetrate are. defenses, achieve a hlah level of trt£ wfewi V' 
ness, rt survive both the aarface-tc-.lr and air-to-air threw 
analyses resulted in the FT'7:-' mission profile shown in Fir ire 1 - - ^ei e -. pd 

V ■: eruise « 1V " * »•**> Uity Of survival at loves? iw. „ 

ruise speeds require a more complex and expensive aircraft while lower cruise 
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procurations capable of performing the desired SPIF mission were 

hT S TT COmputer Programs. Primary input data included: 
g.t reduction factors for advanced composite materials; performance 

So^ C « er d tlCS -° f candldate engines; mission requirement constants; and 
gross aerodynamic planform characteristics. 

f»orn ;S ht . red “ Ctl0n fact0rs (over a 1975 'metal aircraft) were obtained 
pom analysis of percentage weight savings -versus -percentage weight of com- 

SI” ! data funded P1 -cgr»s and i^ho^ldia 

This was done on a component-by-component basis. Values were selected whic’n 

low cost f Design-to-Cost) approaches rather than t’-cse 
a fTf maxlraum weight savings regardless of cost, ?igur* ? shows 

4 shSs !? sult yg fra " comp site empennage programs and studies and 
df e , 4 Shows the wei e ht reducti ,s utilized to screen candidate AITA ^on 

TfT SCreen ca ” parative advanced metal designs, 
"a'^erl^ hv £ T utllizes approximately 75 percent composite 

toTlS* l" r riff l IT B advanced metad aircraft weight savings relate 
. .95v aircraft which has an airframe cot, cosed, t.v weigh? 0 e a, ' “ 

aovanoed metallic materials and 15 percent aiv.need Upofi^ ™te,iKs 


Engine candidates were. 


t ./ Air Force di’^ec^’? ^rv^-*** r , £ j ^ _ 

presently available or readily derived by l^oi This elf ^ 

l r growth versions of existing engines, sre~iF ' 
,11"’ — -y"’ 1-101 and the TF3C. The 7F30 series engines wf e 
~ \ ^^-competitive thrust -to-weight ratios while i'-e ., o ; c ‘V.7 


' 1 1 ed 
■allv 


versions were avoided since they~are "unlikely 
t crrcance characteristics of the FIDO, * 10 1 and vf. . c 
installation effects, were used as inputs \o‘ the screen! 


Stably modified for 
ling to roc ess . 

raent Sn^s°”uch figure 2), other mission require- 

combat > fuel allowance and limDt^Lad'^ctors^S^ar^^--^ 80 ^ provision - 
weight) were input into the screening process^ ' & design gross 

selected'for T/TTT™ T™ different wing planfonr.s were 

characterises TTt T lt& planforTn exhibited the best supersonic 
exhibi^r^l best Sansonic^In COnventio " al fransonic swept-wing configuration 

optimized cSinatiorS Se Z ** Capablli V- ^risonic wing is In 

t n ,V, O a f 0n of the tw0 - variable sweep was included since i* 

,? f it 1 f f matchin « configuration to the various flight -eg^mes Aer'o 

r; s w^t w of -arSi 

f^uvadln f.b-y " T. ** s ^ and current 'rummer, advanced con- 
TsTlf ;yrl y ! represent subsonic and supersonic cruise oaSe^er= 
lrTTl\T:TTT" inl>rOVement ln rec ently demonstrated values' while “ “ 
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The results of a typical configuration screening are shown in Figure 5 
and show the trisonic configuration with either a single Fill or two TO- 
engines to he the lightest design. The higher weights of the delta are cue 
result of the low wing loadings required to achieve acceptable take-off and 
maneuver performance while the variable sweep aircraft suffers from the 
difficulties in effectively utilizing composites for such configurations . 

The transonic configurations are close contenders, however, more detailed 
studies of both these and the trisonic configurations indicated that the 
former are somewhat heavier than shown on the figure whereas the latter 
appear to be almost 500 pounds lighter. It was therefore decided to choose 
the trisonic configuration and the more detailed studies showed that this 
configuration with either a single F101 or two FkOk engines was acceptable 
and almost equal in performance and weight. Selection of the single F101 
version was made after consideration that this engine is under development 
for the B-l and will be fully qualified by 1980 . In contrast, the FU04 
development program, as associated with the F-l 8 , is not currently on a 
firm approved schedule. An engine qualification test is possible by 1979 
but is tied directly to a go-ahead for the F-l 8 program. 

The general arrangement of the selected ADCA configuration is shown in 
Figure 6 and the inboard profile is shown in Figure 7. As can be seen from 
the latter figure, the aircraft is not very densely packed with equipment. The 
subsystems and the location of avionics, weapons and crew systems in the 
forward section provide for easy access and maintenance. 


COMPOSITE AIRFRAME 


The primary objective of the first task of the ADCA prjgrem was a detailed 
definition of the air vehicle configuration. The structural interface re- 
quired establishment of grcundrules to effect maximum benefit from use of 
composite materials together with sufficient structural definition necessary 
to assure structural feasibility and attainment of performance and cost 
objectives . 


Material Celection 


Various factors were oaken into account in formulating a list of can- 
didate composite materials and their application to the various component 
parts of the ADCA (Figure 8 ). The first factor is availability in the late 
1970’s of fully qualified systems. Full qualification of new fiber/matrix 
systems requires a considerable investment of both time and money. The boron 
and graphite fibers in use today were developed over ten years ago as were 
the generic epoxy matrices. The only new fibers which may be fully qualified 
by 1980 are the pitch based graphite fibers and the boron-on-carbon mono- 
filaments. These fibers should have properties similar to todays graphite 
and boron fibers but should be considerably cheaper. 


Organic matrix materials are being developed which should be less 
sensitive to moisture pickup experienced by current epoxy matrices. The 
emerging thermoplastic matrices (polymides , polyar ulfones and polypheny- 
lenes) show promise and could reduce processing costs. They are, however*, 
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not yet qualified nor has their sensitivity to moisture been fully defined. 

The only metal matrix systems qualified today, and likely to be qualifed 
by 1980, are boron and Sorsic /Aluminum, draphite /aluminum qualification appears 
to be at least ten years away even if its properties become more promising. 
Current properties of the epoxy matrix composites are therefore being used 
1 or th^s study and tneir application r.as been limited to a maximum; temperature 
of 250 F since this is below the glass transition temperature of the matrix 
when subjected to the combined effects of humidity exposure and thermal 
spikes. Boron /aluminum is a contending material for regions such as the 
engine bay where temperatures may be higher and a measure of fire prevention 
is required. 

An allowance has been made for protection against lightning strikes and 
triboelectric charging. This protection takes the form of flame sprayed 
or foil aluminum bonded both externally and internally to the structure. 

Since the study requires maximum utilization of composites only HRP, 

Kevlar 49 or graphite honeycomb core is utilized for sandwich construction. 

This eliminates potential problems associated with corrosion of aluminum 
core due to moisture ingress. Fastener corrosion problems are also minimized 
since only A286 stainless steel or titanium fasteners will be permitted in 
laminates containing graphite. 


Design/Manufacturing Interface 


In order to achieve a low cost but efficient composite airframe, a strong 
design/manufacturing interface has existed from program initiation. The 
intent of this interfacing between design, tooling, manufacturing and quality 
control is to determine interdisciplinary requirements, capabilities and 
limitations and to reach a compromise solution to achieve a low cost but 
efficient structure, structural simplicity is a major factor since reduced 
part count impacts both assembly and logistics :osts. In addition, combina- 
tion tooling can reduce both fabrication and assembly costs. Finally, 
inspectable, damage tolerant concepts can provide fewer fabrication rejects 
and bene f i t in-s e rvi e e r epai r ab i 1 i t y . 


ADC A Structural Arrangement 


The structural assembly of the ADCA airframe concept is shown in Figure 9. 
This concept maximizes the use of large Integral components to minimize costs . 
Many of these components, as will be described later, utilize a co-cured 
approach to reduce fitup time and assembly costs. 


Various wing box structural configurations were studied. These included 
the hign wing one-piece center box concept shown in the figure; concepts 
associated with a mid-wing cor figuration where the wing and center fusel? 

fabricated as an integral assembly* and concepts where the wi^’g s 
mechanically attached ^.o the fuselage side using 'banjo'' frames. The or.e- 


Lage 


:iece through wing concept was for 
approach and was therefore selected. 


bp hr 


tiie lightest and cheapest 



The wing was aero dynamic ally optimized to improve baseline performance 
as shown in Figure 10. 'The optimum aerodynamic twist distribution for super- 
sonic cruise was matched and various approaches to induce the required twist 
were studied to obtain maximum transonic sustained maneuver capability. 

The most efficient approach was twist induction using bending/twist coupling 
of the outer supercritical portion of the trisonic wing. This was accomplished, 
with no weight penalties for flutter, by skewing the axis of the outer cnanwise 
cover nlies forward 15 degrees relative to the outer cox structural axis. 

Figure 11 shows loading and layup and Figure 12 shows the effect of this 
aeroelastic tailoring wherein the tailored wing box achieves a twist dis- 
tribution which is close to the requirement and obtains 95 percent of the 
optimum sustained transonic maneuver capability with no supersonic cruise 
penalties. Preliminary flutter analyses show the wing to be flutter free 
as shown in Figure 13. 

Various types of construction were studied to determine the optimum 
wing box configuration from a weight/cost standpoint. These are shown in 
Figure 14 and the selected distributed, multi spar, concept for the center 
box, which forms a fuel cell, is shown in Figure 15- Two alternative varia- 
tions of this concept will be studied in more detail. The first is an all- 
graphite/epoxy box where all the layers are uniformly distributed throughout 
the covers and these are supported by graphite /epoxy channel section front 
and rear beams and sine-wave intermediate beams. The second approach uses 
local pads of boron/epoxy with grahite/epoxy softening scrips above each of 
the beam caps to provide a good measure of damage tolerance and fail safe 
capability. The effectiveness of this approach has been demonstrated by 
tests on subcomponents of the B-l horizontal stabilizer which utilizes the 
same concept. 

Similar studies were made to screen candidate structural configurations 
of the canard and the vertical stabilizer. Aeroelastic tailoring studies 
of the vertical stabilizer showed that flutter penalties could be reduced 
by rotating the spanwise plies 15 degree.' aft relative to the box beam axis. 

The remaining +4 5 and 90 - degree plies were oriented in these directions 
relative to the box axis. Figure 16 shows the effect of rotation of the 
spanwise plies. 

Fuselage design requirements are shown pictorially in Figure 17. 

Various forms of construction are candidates and these are all likely to te 
used in different areas of the fuselage. The forward fuselage will probably 
utilize the shell -liner approach developed by Ccnvair-Fort Worth. 'The center 
fuselage, which forms the major fuel tank, will probably use a co -cured 
sandwich approach. Both face sheets and core would be composite material. 
Access doors would be of similar construction but would have edge protection 
in the form of integrally molded metal foil, or woven fiberglass /epoxy to 
minimize handling damage and provide the composite with improved pull-through 
strength at boundary fastener holes. The metal foil would also provide 
lightning strike protection to the composite material and the subsystems. 
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COMPOSITE VERSUS METAL AIRPLANE COMPARISONS 
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Figure 2 ADCA Design Goals 
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Figure 3 Advanced Composite Empennage Weight Savings 




4 Weight Reductions Over Metal Airframes 
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Figure 8 Candidate Materials 
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Figure 10 Wing Aerodynamic Optimization 
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Figure 12 Wing Twist Distributions 



ALL GRAPHITE 
T/C'St/SK/^r. 




vtsmismp 

mn-&m 

pmzmB? 

MJI- 3 VR 

WfinFF£MS& 

p&n&wEP 

MAJI-SfHZ 

UONEYOOMB 

ccNC&rmxrg? 

k/njJt-ePAR 


Muai-Rie 



i i 

a.. _ji l 

>c - " "J- ‘ 

I 


PISTRIBUmPRAl - v 

vgpwucoorr j ; 


Figure lU Wing Box Concept 
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Figure 16 Vertical Stabilizer Aeroelastic Tailoring 
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A HYBRID COMPOSITE FUSELAGE DESIGN WITH 


INTEGRAL CRACK ARRESTERS 
By S. L. Huang and T. E. Hess 
Naval Air Development Center 


SUMMARY 


A damage tolerant hybrid composite fuselage section has been designed, 
fabricated and tested. One of the key features of this structure is the 
integral crack arresters which have been incorporated into the design to 
Increase Its tolerance to damage, either inherent flaws or battle induced 
damage. The ability of the design to withstand critical flight loads has been 
demonstrated by both analysis and test. The effectiveness of the crack 
arresters, which are designed to stop a propagating crack (damage) and still 
allow the structure to carry limit load, was proven in a series of tests where 
the initial damage was of two types , a preformed crack cut with a saw blade and 
that resulting from projectiles fired into the shell. The design has been 
completely analyzed using finite element techniques and shown to save both 
weight and cost over its metal counterpart. Analysis and testing of composite 
panels has also been done to investigate failure modes and establish design 
criteria for crack arrester designs. 


INTRODUCTION 


The objective of this work was to develop a low cost, survivable fuselage 
design in order to extend composite materials application to fuselage struc- 
tures, apply crack arrester designs to an actual flight structure and obtain 
reduced weight and cost compared to a metal counterpart. The center fuselage 
section of the BQM-34E Remote Piloted Vehicle, figure 1, was selected as the 
demonstration vehicle for this design/development. Although the technology 
presented here is directly applicable to manned aircraft, the RPV affords a 
basis for comparison between an inproduction, operational, metal counterpart 
and the redesigned composite version, and it provides an opportunity for near- 
term flight demonstration in both the subsonic and supersonic regimes. This 
same vehicle has been used as a test bed for an all graphite epoxy wing which 
was designed and fabricated at the Naval Air Development Center and which is 
currently flying on operational vehicles as part of the Navy's service 
evaluation program. This center fuselage section provides a practical design 
model since it contains access doors, wing attachment points, external fuel 
tank attachment and the recovery parachute line attachment. 


FUSELAGE DESIGN 


The BQM center fuselage is a circular section 63.5 cm (25 in.) in 

diameter and 104.14 cm (41 irt. ) long. The through-wing is attached to this 

section in the upper portion of the cross section and an overwing structure 
covers the wing and closes out the circular shape. A large door is at the 

bottom and runs the entire length of the section. Attached to the door is a 

keel which also extends over the length of the section at its bottom. A large 

exCends over the fivst 20 - 32 cm (8 in.) of the section between 
two bulkheads to resist loads from the parachute lines. 


In designing the composite fuselage section two design conditions were 
considered, based on a review of the metal design. The first, and most impor- 

lliVo C °?f^in n ^\ a / e ^ OVery condition in 7.4g is developed by a 

66720 n <15000 lb.) load on the parachute line which is attached at the top 

of the fuselage near the forward end of the center section. The inertia 
loading of that part of the fuselage forward o* the center section produces a 
large bending moment, which is applied to the center fuselage section over 
only slightly more than the upper half of the circumference. It is this 
condition that sizes the center fuselage shell. A 5g maneuver in free flight 
produces maximum wing loading, which in turn puts maximum loading on the wing 
attachment bolts. This condition induces local load in the fuselage in the 
circumferential direction, and the shell must be checked for its ability to 
react these loads. 


Tradeoff studies were conducted for these conditions to select a material 
and type of construction for this application. The criteria for selection 
were weight, costs, survivability and ease of manufacture. These composite 
materials were considered - graphite epoxy, glass epoxy and a hybrid with both 
glass and graphite. Advantages of the glass included its low cost and high 
fracture toughness. However, its low stiffness compared graphite resulted in 
the overloading of certain metal parts in the center fuselage which were not 
being replaced by composite materials. In addition, since tne center fuselage 

Ihlt rS ll P ^ Y burklln 8 critical the glass epoxy design is heavier than 
that of the graphite. Therefore, to achieve a good balance among weight, 

stiffness and fracture toughness a hybrid composite was selected consisting of 

gra P hite e P ox ? in the (0°) direction and glass epoxy fabric 

e fibers oriented ±45 . The graphite epoxy used was 3501 A/S and the 
glass epoxy was E293. e 


v honeycomb sandwich construction was selected on the basis of its high 
buckling resistance, ease of fabrication and reduced parts count compared 
the metal design, the last two aimed at reducing cost. 


to 


Figure 2 shows a cutaway view of the existing metal design and the 
redesigned composite. The overwing fairing which is not being changed is not 
shown here. As can be seen from these sketches the intermediate frames and 
e longerons are being eliminated in the composite design in favor of the 
overall stiffness increase with the honeycomb sandwich. The basic design is 


the 0.63 cm (.25 in.) aluminum honeycomb core, an inner face consisting of one 
ply of 0° graphite and one ply of glass fabric oriented ±45° , and a similar 
outer face with a second layer of glass fabric on the outer surface for addi- 
tional impact and damage resistance. All areas near bulkheads, doors and 
other attachment have additional plies for reinforcement and introduction of 
load into the sandwich. 

This design was analyzed for the two flight conditions using the NAS TRAN 
program. In general, the recovery condition produced maximum stresses. A 
summary of this analysis is shown in figure 3. The design was also checked 
for stability under combined longitudinal compression and shear. A sutrmary of 
critical conditions for the design is shown in figure 4 which indicates that 
buckling, facing compressive strength and facing shear strength form the 
capability envelope for the fuselage section. 


CRACK ARRESTMENT DESIGN 


The design of the crack arrestment system involves a consideration of 
three failure modes as shown in figure 5. The first failure mode is the initia 
propagation of the crack or damage* The arrestment of this crack is tied in 
with the second failure mode, that of propagation of the crack through the 
arrester strip. The third failure mode is shear failure along the interface 
between the arrester strip and the primary material containing the crack. This 
shear stress results from a redistribution of load around the cracked material 
which is no longer carrying any tensile load. 

The analysis presented in reference 1 is the basis for the analytical 
treatment of the first two failure modes. It is sunmarized here for convenience 
and completeness. 

The critical stress at which an existing through crack will propagate, 
figure 6 , is : 


where 


Cl - 



Kp ■ fracture toughness 

a * characteristic dimension of intense energy region 
2c ■ crack length 

Kq and a are determined from two tests, one with a crack and one on an 
uncracked control specimen. 



K q = <r 0 O \!jra. 


where 

Oc * applied failure stress for specimen with crack 
Goo - failure stress of uncracked specimen 

The function of the low modulus arrester strips is to provide a low 
stress, high toughness region which will render a crack entering this region 
non-critical. 

Applied to a crack in the primary material this equation defines a stress 
at which initial propagation occurs. When the crack has reached the arrester 
strips with its tips extending into the strip the above equation can be applied 
to the arrester strip material with a crack length equal to the spacing of the 
strips, w. . In order for the crack to be arrested and the structure continue 
to carry limit load, the arrester strip must have a width, toughness and 
modulus such that a crack whose length is will not propagate. This fail- 
safe requirement is expressed analytically as follows: 



Meeting this condition guarantees that a laminate containing an arrested crack 
w^ long can withstand limit load, at least with respect to the fir~t two 
failure modes. Conditions for the shear failure mode are not as easily 
expressed since the magnitude of maximum shear stress developed is a function 
of many parameters. 


HYBRID COMPOSITE TESTING 


Two series of tests are reported in the paper, the first, load and crack 
arrestment tests on hybrid sandwich panels and cylinder corresponding to the 
fuselage design, and the second, crack arrestment tests on solid graphite epoxy 
panels. This second group of tests was performed in order to evaluate the 
application of the crack arrester strip design to relatively thick monolithic 
laminates. 



Prior to testing the hybrid cylinder, tests were performed on honeycomb 
sandwich panels of the same construction as the cylinder and the fuselage, 
including the crack arrester strips. The main purpose of these tests was to 
establish K_ and a values for the hybrid face sheets. The tests were performed 
with .95 cnr(3/8 in.) cracks and yielded the following results: 

5a s 

Outer Face 32.7 Mn/m 2 \fm (29. 8 KSI \/Tn) .185 cm (.073 in) 

Inner Face 47.0 Mn/m 2 (42.8 KSI i /in) .208 cm (.082 in) 

This shows that for a given crack size, propagation will occur first in 
the outer face of the sandwich. 

Figure 7 shows the composite sandwich cylinder in the testing machine* 

The first two tests performed were compression tests to 50% and 100% of limit 
load, 186.8 Kn (42G00 lb.) and 373,6 Kn (84000 lb.) respectively. The cylinder 
withstood these loads successfully, and no unusual behavior was observed. This 
was the basic demonstration of the ability of the design to take critical flight 
loads. 

A second, and more comprehensive, series of tests was then performed to 
evaluate the crack arrestment design. First, proof tests were run at 507., 75%, 
and 100% of design ultimate load as a demonstration of basic tensile strength. 
Then five additional tests were run with induced damage, as depicted in 
figure 8. For test 2 a 2.54 cm (1 in.) sawcut crack was formed midway between 
two adjacent crack arrester strips. Load was applied until the crack propagated. 
This occurred at 120% of design limit load (DLL). Propagation in this hybrid 
material was not at all sudden. The crack started to propagate at a particular 
load and continued to propagate gradually as the load was increased, until it 
reached the arrester strip. The propagation loads given here represent the 
load when the crack reached the arrester strip. Test 3 was e repeat of test 2 
with identical results. 

Tests 4 and 5 were different in two respects. First the damage was 
induced ballistically , and secondly, the structure was under a preload when 
the damage was induced. In test 4 a .95 cm (3/8 in.) projectile was fired 
into the cylinder. The damage which was produced had a maximum overall 
dimension of 2.22 cm (7/8 in.). The preload was 50% DLL. At the time of impact 
the damage did not propagate, but upon subsequent application of load propagation 
occurred at 114% DLL. In test 5 a 2.54 cm (1 in.) projectile was fired with 
75% DLL preload. Again, the damage did not propagate at time of intact and 
in this case nc subsequent load was applied. 

The last test was with a 1.59 cm (5/8 in.) sawcut crack. Propagation in 
this case was at 1297. DLL. It should be pointed out that at this time with 
129% DLL on the cylinder, six of the twenty-two sections between crack arrester 
strips were cracked over their 7.62 cm (3 in.) width, so that even with con- 



siderable damage the structure still withstood a high level of loading. 

Figure 9 shows the cylinder after the testing. Closeup views of some of 
the propagated cracks are shown in figure 10. In figure 11 both the stress 
corresponding to the beginning of propagation and the stress when the crack 
reached the arrester strips are shown and compared to a curve drawn from the 
equations and the hybrid composite fracture data previously discussed. The 
data agrees reasonably well with the analysis, although it covers only a 
narrow range of crack sizes. 

Actual fuselage parts have been made and will be assembled and tested at 
the Naval Air Development Center in the near future. One of the panels is 
shown in the untrimmed state in figure 12. 


GRAPHITE-EPOXY PANEL ANALYSIS & TEST 


Additional analysis and testing has been underway to further investigate, 
evaluate and characterize crack arrester designs with the goal of applying 
these designs to operational aircraft structures. In particular, this work has 
been aimed at demonstrating the capability of crack arrester designs, 
investigating thickness effects for solid laminates up to 1.27 cm (1/2 in.) 
thick, establishing and investigating failure inodes, and establishing design 
data. 


Failure inodes have been discussed previously in conjunction with figure 5. 
Early testing indicated that the failure mode of shear along the strip boundary 
is the second failure mode to be encountered and the one which determines 
residual strength, that is, post-propagation stxength. In order to quantita- 
tively evaluate this shear stress finite element analysis was performed of 
three flat panel sizes, each containing a central crack, figure 13. Three sets 
of heavy lines in this figure outline the quarter-panel model. The crack 
arrester strips were 1.27 cm (1/2 in 0 ) wide in all cases with 7.62 cm (3 In.) 
of primary material between them. The three full panel sizes which were 
analyzed, therefore, were 17.78 cm (7 in.) wide by 15.24 cm (6 in.) long, 

35.56 cm (14 in.) by 40.64 cm (16 in.) and 53.34 cm (21 in.) by 60.96 cm (23 in.). 
The smaller panel contains two crack arrester strips or one full "bay” of 
primary material, and was analyzed first. The largest panel was analyzed next 
with the main objective being to see if the presence of several bays, all but 
the middle one being undamaged, would have an effect on the magnitude of the 
shear stress. As can be seen from figure 13 the maximum shear stress for the 
multi-bay configuration was reduced to about one-half of the single bay level, 
indicating that the additional width of material provided a longer path for the 
load to redistribute around the crack thereby reducing the shear stress 
magnitude. The intermediate size was analyzed to determine if a reduced length 
and width could be used to achieve the same results as the larger panel. Indeed 
the results for this were virtually the same as for the larger panel and it was 
concluded that the important thing is to have at least one undamaged bay on 
either side of the cracked bay to provide a path for load distribution. In 
order to be representative of flight structure sizes test specimens should also 



be made this way. Multi-bay specimens are designed and will be fabricated and 
tested. 

Concurrent with the above analytical effort a series of single bay test 
specimens were fabricated and tested. Four sets of these specimens were 
tested, each with a different thickness. Overall size was 15.24 cm (6 in.) 
x 25.40 cm (10 in.), figure 14, and the thicknesses were 1.52 mm (.06 in.), 

4.06 mm (.16 in.), 6.35 mm (.25 in.) and 9.65 mm (.38 in.). In each case the 
first test was to determine the point of initial crack propagation. For small 
crack sizes and therefore high propagation stresses, the shear failure 
immediately followed the initial propagation. For the lower stresses this did 
not occur and a second test was performed to determine residual strength. Here 
also the failure was in shear. In none of the tests did the crack propagate 
across the crack arrester strips. 

The results of this testing is summarized in figure 15. Three analytically 
predicted curves are shown there, one for each of the three failure modes, giving 
critical stress as a function of crack size. Test data is shown for the initial 
propagation and all points fell above the predicted curve which was drawn based 
on experimental determination of 1C and a. A second curve was drawn through 
the early test data and was very accurate in predicting critical crack propagate 
stress for the later tests. The curve shown in figure 15 represents a final 
empirical curve and is slightly different from the first one which was analytically 
determined before all the tests were made. Based on these results there does 
not appear to be a thickness effect. 

The curve labeled "shear limit" defines the second failure mode. This 
curve was developed using analysis and the results from the first two residual 
stress tests. Combinations of crack size and stress below this curve should 
not produce shear failure while combinations above will. The uncircled 
points represent test points where no failure occurred and the circled points 
correspond to shear failures. As can be seen very good agreement with the 
theoretical curve was obtained for the limited range of crack sizes tested. 

For this case note that crack size equals crack arrester strip spacing since 
this is a post-propagation phenomenon. The crack size for all but one specimen 
was 7.62 cm (3 in.). Further examination of these results and the curves 
indicate that by incorporating crack arrester strips into a design, significantly 
greater damage can be induced while maintaining a capability for carrying a 
given load, for example, limit load in an aircraft. 


CONCLUSIONS 


The hybrid composite fuselage design which was discussed here has a 
weight which is 237. less than its existing metal counterpart. Furthermore, 
while hard cost figures have not been generated, a projected cost reduction of 
207. for production quantities is currently estimated. 



With regard to the survivabili* v aspects of the design, it has been 
demonstrated that the crack arreste ^rips successfully stop a propagating 
crack and contain the damage within * 'cal area. It made no difference 
whether the damage was a statically induced sharp crack under no load or a 
ballisttcally formed damage under load. For the later, using a maximum 
overall dimension for the damage correlates well with analysis, independent 
of the shape of the damage. The hybrid composite is more desirable from a 
fracture tolerance viewpoint than all graphite on the basis of the gradual 
propagation characteristic, and the fact that because of this there is some 
warning of incipient failure. 

The additional work on solid graphite laminates has resulted in an 
identification and understanding of failure modes and the establishment of a 
prediction method, if only for one arrester strip spacing. 

Obviously additional work is required. The planned testing of the multi- 
bay specimens is a first step toward scale-up. The shear failure mode should 
be more thoroughly investigated including consideration of other strip spacings 
and widths and other strip layup configurations. 



BQM-34E RPV 

FIGURE 1. DESIGN MODEL 



EXISTING METAL DESIGN 



COMPOSITE DESIGN 


FIGURE 2. KEY FEATURES OF DESIGN 
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FIGURE 5. FAILURE MODES 
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BATTLE DAMAGE TOLERANT WING 
STRUCTURAL DEVE LOP MEN T 


By 

Ken deBooy 

The Boeing Ae r o s p a c e C o mp ; m y 

SUMMARY 

Results of analytical studies and initial testing to develop a wing design 
which will accept under load the damage from one 23mm high explosive super 
quick fused round without failure are reviewed. The design approach, develop- 
ment of fracture resistant hybrid skin and preliminary hydraulic ram and 
23mm test results have been completed. Wing box component and full scale 
wing box tests are scheduled through the end of FY 1977. 


INTRODUCTION 


The Battle Damage Tolerant Wing Structural Development is being performed by 
the Boeing Aerospace Company under Navy Contract N000R-75-C-0178 for the 
Naval Air Systems Command. Mr. Alden Cowles, AIR-530215, is the technical 
monitor. Boeing technical leadership is being provided by Mr. Jack Averv 
from our Damage Mechanisms Group and by Mr. Ken King for structural design. 

The objective of the program is to design a wing box which will accept combat 
damage and still achieve at least a 25 percent weight saving through the use of 
advanced composites. The 23mm high explosive instantaneous fuzed round was 
selected as a representative threat, based on its demonstrated capability to 
destroy aircraft. This report deals with the ongoing design analysis and test 
program which is in progress to develop a structural arrangement and advanced 
composite structural components which can accept the damage caused by the 
23mm HE round without failure for the remainder of the flignt, including a 
limit load maneuver. 


DESIGN DEVELOPMENT 


The Battle Damage Tolerant Wing Structural Development started with a Phase I 
study which examined two wing tvpes and three levels of technology. Both a 
thin low aspect ratio wing, and a thick high aspect ratio variabLe sweep wing 
were studied to determine basic tolerance to a 23mm HE threat. Three techno- 
logy levels were applied to these wing types: current technology using titan 

ium low risk 1980 technology using advanced composites with mechanical 
fasteners for assembly and high risk 1980 technology using more innovative 
advanced composite design concepts including bonding for assembly. Relative 
weights, damage tolerance and costs were compared. Results included the 
weights of a mid-span section of the wing box tabulated in Figure 1. The low 
risk 1980 thick high aspect ratio wing was selected to be the subject of the 
currently contracted structural development program, since battle damage 
tolerance was a more critical requirement in the design of this type of 
tactical aircraft wing. 


DESIGN REQUIREMENTS 

The battle damage tolerant design criteria is that the wing structure shall 
sustain a single "super-quick" fused 23mm HE impact while in n 4g symmetrical 
maneuver. The 23mm impact shall be at the most critical combination of angle- 
velocity, and position for the wing box design. After impact, failure shall 
not occur during one occurrence of flight limit load, five hours of cruise 
with up to 2g flight loads, and one carrier landing at a design sink speed 
of 23 fps. 

The target weight for the advanced technology wing box sized for damage 
tolerance shall be 75 percent of that of the current technology wing not 
designed for damage tolerance but otherwise sized to the same operational 
criteria. The design shall be based on the use of low cost manufacturing 
methods and projections of costs of advanced materials. Projected improve- 
ments in manufacturing processes and techniques shall be included where 
development efforts are underway, and where current exploratory efforts 
indicate that the technique, when perfected in the 1980 time frame, will 


result in a cost saving in future production. Corrosion in a salt-air environ- 
ment shall be a major consideration in the selection of materials and the 
design of joints where corrosion could develop. 

Damage repair shall be stressed in the design with reduction of man-hours, 
skills, and aircraft downtime as design objectives. Current damage repair 
philosophy in defining repairable damage versus damage requiring component 
removal and replacement shall be used as a guide. 

WING DESIGN CONCEPT 

Figure 2 is a cross-section of the proposed wing-box configuration. The 
sizing reflected in the figure is representative of the battle damage tolerant 
wing-box test article that will be fabricated and tested as part of the 
program. The proposed configuration is a graphite/epoxy wing composed of a 
four spar, multi-rib box with covers stiffened by a stringer between spar 
caps. The center bay of the lower surface is removable for fuel tank access 
and structural inspection. 

The covers and spar webs are basically -45° graphite/epoxy laminates, and 
the spar chords are uniaxial (0°) filamentary laminates. These chords carry 
most of the wing bending loads, as the covers have low spanwise st if! ness. 

The four spars provide a redundant load path for the wing bending loads. 

Some tension and compression loadings are carried in the covers, but the 
stresses are low. Since the cover stresses are low, local damage in the 
covers will not propagate. 

The proposed design incorporates several additional features that provide 
battle damage tolerance in addition to that obtained from redundant sizing. 

An example of this is the spar cap isolation described in the following 
paragraphs. 

The bundles of uniaxial fibers bonded to the spar webs carry most of the 
wing bending axial stresses, and control the elongation of the sur races so 




damage does not progagate in the skins. With the 2 3mm HE damage criteria, i 
is possible that a spar cap (which covers approximately one-eighth of the 
surface) can be severed. In this event, the design objective is to transfer 
the energy contained in the spar cap at the time of the damage to adjacent 
spar caps, and later provide a load path for wing bending at limit loads, 
without causing extensive skin ripping at the damage point. 

The spar cap material is isolated, in that it does not have a direct connec- 
tion to the skin, and several degradable load paths and shear lag effects 
reduce the load transfer to the skin at the point of damage. Assuming that 
a loaded cap is severed, the bond shear strength between cap and spar web 
becomes critical, thus limiting the shear load that the spar web can apply 
to the skin. Next in the load path is the web to skin shear tie which is 
designed for the redistribution stress as defined by computer analysis. 

This shear tie web and its bolted connections may be designed to fail at the 
higher shear flows near the damage. Shear redistribution from the spar cap 
bundles to the skin is inherent in the type of load path provided. The 
severed bundle load must be transferred thru a damaged spar web and damaged 
shear tie, to the skin surface, thus providing a soft load path to the 
skin locally, and allowing a greater span for redistribution. 

At each spar chord, the two uniaxial bundles are separated by the relatively 
thick spar web so that damage to one chord section will not propagate to the 
other chord section. In the event that one of the bundles is destroyed, the 
bond between the damaged bundle and the spar web should then fail in shear 
for some distance along the spar. This action, combined with a shear lag 
across the web provides some protection for the other bundle in the spar cap 

The torsional stiffness of the proposed wing box tends to be higher than 
other configurations (such as sandwich) because the skins and spar webs have 
thickness for stability purposes resulting in lower shear stresses. This 
lower shear stress allows bolted or riveted connections thru the skin, with 
no special treatment required for stress concentration. 


The 3-bay lower surface, in which the center panel is bolted in place for 
access, also provides an important, damage tolerance capability. When exten- 
sive damage occurs to any one of the three separate panels, it is improbable 
that a crack could propagate across the joint into the undamaged panel. 

The configuration of the test box and subcomponents has not been significantly 
revised since the start of the program in November 1974. Initial efforts have 
been concentrated on specimen design, testing and analysis. Results of these 
tests wilL provide the data which will be used in refining the wing design 
and wing component design for Phase IT testing. The wing box design is being 
conducted in parallel with the subcomponent and component design at a rather 
low level of effort. The design effort level on the two and four spar test 
boxes will be accelerated during the early phases of Phase II while initial 
components are being fabricated and tested. 

COST ANALYSIS 

Advanced composite materials have the potential of providing a substantial 
reduction in the weight of the wing structural box. Substantial research 
funds have been devoted to design studies and test programs to provide the 
technical foundation for advanced composite primary wing structure in pro- 
duction. The major reason composites are not being used more extensively 
in new production airplanes is cost. A primary objective of this program 
is to take advantage of designs which allow use of low fabrication and 
assembly costs which more than cancel out the high costs of the basic 
material. 

Cost was the primary factor leading to the development of alternative design 
approaches to the honeycomb stabilized panels which appeared most efficient 
based on our earlier studies. The selected design appears to be much less 
costly to build, while offering better battle damage tolerance. Weight 
di-ff^tences were less than one percent and not a factor in the design 
selection. It 's planned to demonstrate not only battle tolerance in light 
weight wing structure but also to demonstrate a competitive cost approach 
to the use of advanced composites in primary wing structure when compared 


to the use of metals. 


DESIGN UNCERTAINTIES 

Existing data is inadequate for the development of a practical, low cost , 
battle damage tolerant wing design that will accept normal service damage with- 
out experiencing catastropic failure, and which can be repaired in a reasonable 
time without employing excessive skills or equipment. In addition, there are 
design uncertainties unique to battle damage which will be produced by the 
23mro HE and the materials and design which will be the most tolerant to this 
type of damage. The initial phases of the test and analysis program are 
designed to resolve these uncertainties, and the final phases will provide 
full-scale verification. Principal design uncertainties are outlined in 
Table 1. 

Our approach was to apply materials for which significant data has been 
developed to our design concept. Various component configuration and 
integration concepts were tested in order to obtain reasonable fracture 
characteristics in the preliminary design concept. Tests have just been 
completed of full-scale, three spar box segments which provide the first 
indication the type of damage the 23mm HE superquick fuzed round will 
impose on a graphite composite wing box. Additional wing component tests, 
final box design and static plus ballistic tests of loaded wing box 
segments will be completed during the next two years. 

SKINS IN TENSION 

Sawcut fracture panels, 7 and 10-inches wide, were tested in seven -43° 
configurations, including both tape and fabric. Figure 3 shows typical 
panels after failure. Results for the five graphite-epoxy materials give 
verv little indication of notch sensitivity. Figure 4. These data are 
shown on the basis of strain to failure, the primary evaluation criteria 
f or s k i a muter ia 1 , in Figure 5. S-gl a<s u r fibers wvra eompu t i b 1 with 
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crack would run in our skin material. The use of one-third S-Glass is shown 
to double the strain at which a given size crack will run. Figure 6. 

Ballistic damage fracture data correlated quite well with sawcut panel failure 
data, Figure 7. The ballistic damage was measured as the width of the through 
panel damage ignoring any rear face delamination. In addition, panels could 
be prestressed to a load very slightly less than the ultimate load with damage 
without experiencing failure on impact, indicating negligable dynamic 
amplification. Dynamic effects in 7075-T6 can reduce the strength of pre- 
loaded panels up to 50 percent. 

SPAR INTEGRATION TESTS 


Several spar integration concepts were tested, ranging from spar cap material 
being interleaved with the skin material, to spar caps bonded to the spar 
web with the spar web mechanically fastened to the skin through clips. Saw- 
cut and ballistic fracture tests were performed on panels with three simula- 
ted spar caps, Figure 8. Sawcuts severing 50 percent of the center spar and 
associated skin resulted in net section failures for c 11 panels. Net section 
failures indicate that the skin was carrying the load formerly carried by 
the failed center spar, since the crack was not long enough to run at the 
loads experienced. Interleaving the spar cap and skin caused the center spar 
to fail at a lower load than when the spar and skin were isolated, Figure 9. 
The concept of isolation of the spar cap from the skin was selected for the 
final design since the low bearing strength of the skir around mechanical 
fasteners limits the load which can be transferred from, the spar cap to the 
skin in the local area of failure, thus allowing larger damage in the skin 
without extension of the damage under load. 

HYDRAULIC RAM TESTS 

Test panels, 33 cm (13 inch) square, were mounted in a hydraulic ram test 
tank as shown in Figure 10, ami in and 1 3mm spheres were fired into the 
pant Is at velocities from 680 throng: 1 0 7 J > m/sec (2145 through 3825 ft/sec). 

Damage was less .->ev* re than that expel - meed in 7 m 7 b— T r> aluminum panels of 


equal weight. Figure 11, 4.8mm (3/16 in.) tension fasteners were selected 

over 6. mm (1/4 in.) tension fasteners based on static tests which indicated 
that the smaller fastener would hold the same internal pressure load without 
pullthrough. Typical hydraulic ram damage with shear and tension fasteners 
is shown in Figure 12. Spanwise cracks extend at higher projectile velocities 
resulting in fastener pull through at approximately 850 m/sec (2800 ft/sec). 
These hydraulic ram tests were the first indication that countersunk fasteners 
with tensile loading resulting from hydraulic ram or HE explosion may be 
acceptable. 


23mm FRAGMENT PATTERN 

The round tested was a 23mm HEIT (high explosive incendiary tracer) with a 
superquick contact fuze. Entrance damage is a 15 cm (6 inch) hole which has 
cracks propagating from it in the more brittle materials. The fragment 
pattern 23 cm (9 inches) aft of the entrance panel is illustrated in Figure 
13. It should be noted that the pattern covers 60 cm (2 ft.) and that the 
circled hole in Figure 13 was caused by a round from a previous firing that 
did not detonate. The cone of fragments is about 106 degrees for impact 
velocities of 500 - 700 m/s ec (1600-2200 ft/sec), with large fragment damage 
both at the center and around the periphery. 

IRON BOX TESTS 

These tests were conducted with a thick wall box having the volume and venting 
area of one cell of the wing box design, bounded by two spars and two ribs. 
Figure 14. Various skin materials were tested including 2024-T3, 7075-T6, 
honeycomb with graphite skins, and -45° graphite combined with 35% S-Glass. 
Results indicated that any skin will be destroyed on both the entrance and 
exit side of this rigid box. The hybrid skin experienced the least severe 
damage and the honeycomb stabilized graphite skins and the 7075 exit panels 
experienced the most severe damage. These tests and several firings against 
free-standing panels also indicated that the damage was much more severe 
when the space between the panels was enclosed than when the two skin panels 
did not have a confined volume between them. 


2 3mm THREE SPAR WING BOX TESTS 


Two three spar wing box segments were built with representative hybrid skin 
panels and a graphite/epoxy center spar. The outboard spars were fabricated 
from fiberglass, and the ribs from 2024-T3 aluminum in the interest of economy. 
For the box shown in the upper portion of Figure 15, the impact point was in 
an unsupported area of the skin with the flight path aimed at the center spar 
cap of the exit panel. The lower box represents an impact directly into 
the center spar cap at 0° obliquity, so that the flight-path was essentially 
in the plane of the spar web. 

Preliminary conclusions from these firings are: 

° Damage experienced in representative wing box structure was less severe 
than that experienced in the iron box test. The major factor causing 
this difference is felt to be less rigid skin panel edge fixity. 

Pressure deformation of 2024-T3 ribs was present when the round entered 
one cell of the wing and was not present when it entered two, indicating 
that the deformation is due to residual pressure rather than shock waves. 
0 Impact on a major structural element tends to absorb a large portion of 

the energy imparted to the fragments, reducing the exit damage. 

And finally, the 23mm damage does not appear to preclude reaching the 
program objective of providing at least a 25 percent wing box weight 
savings and 23mm battle damage tolerance through the use ^f advanced 
composites. 


Table 1. Design Uncertainties 


Design uncertainly 

Tests for resolution 

Extent of 23mm HE ballistic damages 
Effect of blast, fragments, 
obliquity, velocity and shielding 

• Fragments into unloaded panels 

• Fragments into loaded panels 

• 23mm Into simu'ated 2 Spar box 

• 23mm Into 2 and 4 Spar boxes 

• Most effective methods of surviving 
23mm ballistic damage in advanced 
composite wing structure 


• Skins in tension 

Fracture toughness of various materials 
Improvements in fracture toughness 
obtainable by altering fiber orientation 
Improvements in fracture toughness 
obtainable by adding hybrid materials 

• Tension tests of saw cut panels 

• Ballistic tests of panels 

• 23mm Into simulated 2 Spar box 

• Spar cap/skin interface 

Fracture toughness of various 
Spar cap configurations 
Spar cap configuration most effective 
in arresting skin cracks 

• Tension test of saw cut 
panels with 3 Spar caps 

• Skin/stiffner interface 

Skin stiffener configuration most effective 
in arresting skin cracks 

• Ballistic tests of skin panels 
with alternate stiffener 
design 

Extent of hydraulic ram damage in 
advanced composite wing structure 

• Hydraulic ram test of panels in 
a wing box structure 

Bearing strength and damage propagation 
characteristics of countersumk machnical 
fasteners mounted in skin material 

• Basic bearing strength tests 

• Blast and hydraulic ram effects 

on alternate fastener configurations 
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LIFE ASSURANCE OF COMPOSITE STRUCTURES 

R. V. Wolff and D. J. Wilkins 
General Dynamics 


INTRODUCTION 


The primary objective of the "Life Assurance" program is 
to demonstrate that the characteristics of a composite component 
can be predicted from a characterization of the static and life- 
time properties of its critical elements. At the time of this 
writing the program is still in progress. 


APPROACH 


The approach selected to meet the technical objective was 

1. select the critical elements from an available compos- 
ite design 

2. conduct enough replicate tests on each element to pro- 
vide reliable estimates of strength and life parameters 


Test Component 


The component from which elements were selected was a 
graphite-epoxy composite two-spar box section from a conceptual 
wing design (Reference 1). The wing was designed to meet the 
functional requirements of the YF-16 (lightweight fighter proto- 
type) baseline metal design. The main structural design fea- 
tures of the component box beam design, Figure 1, are 

1. Strain tolerant strips for unity K t attachment of 
spars to the cover plates 

2. Spar web buildups provide load introduction "hard 
poin ts" 


Receding page blank not filmed 


3. Mechanical fasteners. 


Element Selection 


Since the wing box component was assembled entirely with 
mechanical fasteners, each of the elements selected was a bolted 
joint section. Five graphite-epoxy composite elements were 
selected to represent the critical areas of the component. The 
critical areas included the skin-to-spar attachment; the spar 
buildup areas where loads were introduced; the wing skin in 
bearing; the wing skin in combined bearing and tension; and the 
strain tolerant (buffer) strip in tension. The specimen types 
and loading methods are illustrated schematically in Figure 2. 


Fatigue Test Methods 


All fatigue testing was conducted using a random, flight- 
by-flight spectrum in a closed-loop electrohydraulic test 
facility controlled by a Varian 620i mini-computer. The spectrum 
was based on the wing root of a high-performance fighter air- 
craft. The spectrum used in the element phase was developed in 
an earlier program and is described in Reference 2. The spectrum 
used in the box beam test phase was based on the same mission 
segments as the element spectrum; however, it was modified to 
include both bending and torsion loads (which were applied 
simultaneously). The spectra were stored on digital magnetic 
tapes, which were converted to analog signals in the lab by the 
Varian . 


Analysis 


Data developed in the element phase was analyzed using 
structural reliability methodology (Reference 3) and the proba- 
bilistic strength-bounded wear-out model (Reference 4). 


ELEMENT CHARACTERIZATION 



% 


Strength and lifetime data were developed for approximately 
700 elemental specimens. In addition to the mechanical testing, 
an extensive investigation was conducted to characterize the 
response of the graphite-epoxy laminate to environmental expo- 
sures, including various combinations of temperature and rela- 
tive humidity. 


Mechanical Tests 


The spectrum loading used in the element phase was based 
upon two types of missions that included both supersonic and 
subsonic air-to-air segments. Figure 3. Two versions of the 
spectrum loading were digitized and stored on magnetic tape to 
produce "command signals" for the laboratory equipment via a 
mini -computer . One version of the spectrum loading, a random 
load-time history, was fully accelerated on the time axis to the 
maximum constraints of load level and power spectral density 
(PSD) content. The other version of the spectrum was acceler- 
ated only for mission segments where the temperature was 75°F 
or less. Real-time, i.e. one test hour corresponded to one 
flight hour, was used for mission segments where temperature 
was greater than 75°F. 

All fatigue loading of specimens, except loading for Type I 
and II specimens, was conducted using the accelerated spectrum 
at room temperature, dry (RTD) . The Type II specimen loading 
included use of both spectrum versions at RTD. Tests on Type I 
specimens with accelerated loading included dry specimens at RT 
and constant temperature and "wet" (saturated moisture content 
level) specimens at RT. Tests on Type I with "quasi-real time" 
loading included dry specimens at RT and "wet" specimens with 
superimposed mission temperature profiles, (Figure 3). 

A "baseline" spectrum was defined. This spectrum was based 
on a peak or truncation load frequency of eight occurrences per 
lifetime. Truncation load was set at a 1% risk of static failure. 
For the several specimen types, truncation load varied from 78 
to 887o of average ultimate strength. The relationship of 
strength to truncation load is illustrated in Figure 4. 




Initial tests on Type I specimens, Figure 5, indicated 
that spectrum loading would need to be intensified to acceler- 
ate the fatigue damage process. Spectrum loading was intensified 
(or rms magnified) by raising the magnitude of all loads by a 
given percentage and then clipping all loads exceeding the 
original truncation level back, to the truncation level. This 
procedure "intensified" the spectrum as reflected in the greater 
number of occurrences of the peak (truncation) load with increasing 
rms magnification, e.g. 


rms ma$ 


no. of peak loads 


none 

26% 

40% 

50% 


8 

700 

2800 

5600 


There are 631,656 loads in one life of the accelerated 
spectrum; hence, at the 50% rms magnification level, only 0.9% 
of the baseline spectrum loads are clipped by this intensifica- 
tion procedure. 


A summary list of the element data developed on all specimen 
types is given in Figure 6. A list of summary statements is 
presented in Figure 7 for the five principal specimen types 
tested. These statements are condensed from the detailed obser- 
vations made during the overall element phase. 


Environmental Tests 

One of the main problems of the program was to determine 
how to simulate actual environmental service conditions. This 
meant that the effects of months or years of actual service 
exposures would have to be condensed into a period of several 
weeks . 

The effects of elevated or lowered temperatures during 
flight could be accounted for easily by appropriate temperature 
cycling during the quasi -real time fatigue loadings. Therefore, 
the problem was centered on simulating the atmospheric moisture 
effects an element would experience during a lifetime of service. 

To accomplish these goals, it became necessary to charac- 
terize moisture absorption by graphite-epoxy composites and to 
determine if static (hygrothermal) and dynamic ("real life") 
laboratory conditioning methods differed significantly. 

.q.. 







The effect of temperature and combined moisture and temper- 
ature upon mechanical properties was determined for the Type I 
specimens (see Figures 8 and 9). This effect will also be 
determined for several box beam components later in the program. 
The details of the environmental characterization are given in 
Reference 5; therefore, they will not be repeated here. 


FULL-SCALE COMPONENT 


The design of the box beam component included the following 
key items. 

1. The ratio of spectrum bending moment to torsion moment 
(M x /My) was set to provide the proper ratio of axial 
load to shear flow (N x /q) in the covers. 

2. The component details were sized on element static mean 
strengths rather than "allowables." 

3. Tension-bearing interaction curves derived from element 
tests were used in sizing the skin. 

4. The critical load/ temperature conditions were identiiied. 

5. The critical beam areas were identified. 

The most critical areas of the beam for RTD fatigue loading are 
depicted in Figure 10, which shows the static margin of safety 
(M.S.) calculations. The line of fasteners between Stations 
57.6 and 75.5 (Figure 10) on upper and lower flanges (36 bolts 
total) is critical. A complexity penalty must be taken for 
these fasteners since a low strength element may occur at the 
same location as a high load. The total static reliability, R, 
is calculated as the product of each of the element (bolt loca- 
tion) reliabilities. 


36 

R = 77 EXP - 

i=l 


l h 0 


(1 + (MS ) t 

where (MS)^ = margin of safety for location i 


Or 


= Weibull shape parameter 


If the line of fasteners is assumed to be represented by the 
elemental data and wear-out model analysis for Type III specimens 
(selected because Type III included fatigue failures), the above 
equation may be solved as a function of applied load as a percent 
of P 0 (Weibull scale parameter) . This solution is plotted in 
Figure 11. The expected median failure now occurs at about 90% 
of the component ultimate strength. The result of including 
this static penalty in the box beam analysis is reflected in the 
wear-out characteristics for a limit load (truncation level) 
spectrum. Figure 12. The median fatigue article will survive 
about 100 lifetimes. However, one out of 10 articles will fail 
hy 15 lives and 4 out of 1000 will fail before one life. The 
wear-out model was "shifted" to an intensified spectrum level to 
set the median fatigue life at two lifetimes. This shift required 
an rms intensification of approximately 54%. This later spectrum 
condition was chosen for the RTD box-beam experiment, which 
included 3 static and 12 accelerated time fatigue specimens. 

Five additional beams have been selected for a static/ 
fatigue condition, including environmental exposures. In this 
later condition, the fatigue loading is to be conducted with 
the quasi-real time spectrum; however, the details of temperature 
and load level have not been finalized. 


COMPONENT TESTING 


All component tests have been conducted at RTD. A box 
beam component is shown in Figure 13. Duplicate fixtures such 
as the one shown in Figure 14, were used to apply both static 
and fatigue loads . The reaction end of the fixture is located 
at the right side of Figure 14. Load is applied by one vertical 
ram (M x ) and two horizontal rams (M ) , which may be seen at the 
left side of Figure 14. y 


Static Tests 


Three beams were tested to static ultimate load by applying 
bending (M x ) and torsional (M ) loads simultaneously. Maximum 
deflections at failure for the second beam are given in Figure 
15. The beam strengths were closely grouped (as expected from 
the element tests) , and the failures occurred on the tension 
cover within the predicted critical area as shown in Figure 16. 
The failures initiated in bending as predicted. However, the 


ultimate strength, averaged 247 0 higher than that predicted. 
(This difference can be attributed to a bolt-spacing penalty 
applied in the stress analysis.) 


Fatigue Tests 


All fatigue tests were conducted using the same spectrum 
condition, i.e. 54 % rms intensification and a truncation load 
of 73% of actual (not predicted) static ultimate strength. 

These two effects produce an overall intensity magnification of 
1.54 x 73/67 = 1.68 over a limit load spectrum. The loading 
rate was accelerated relative to the quasi-real time spectrum 
rate by a factor of 5; however, the flexibility of the specimen 
precluded accelerating the loading to the extent used on the 
element specimens. The results are listed in Table I. As may 
be seen from the table, the lifetime "runout" was varied as the 
results of each beam test became available. 

Beam numbers 11 through 14 were tested to two lifetimes 
without failure. During residual strength tests, three beams 
experienced tensile cover failure similar in appearance to static 
failures. Figure 17, and a compression (skin buckling) cover 
failure. The significance of the compression failure was not 
recognized at this stage of the program. 

An increase in cover strength after two lifetimes was 
believed to be a result of "seating-in", i.e. sufficient local 
deformation at the several bolt holes had occurred during fatigue 
loading to permit more uniform loading of the fasteners along 
the flanges than occurred statically. This was recognized as 
a possible occurrence before static loading and several "high" 
loads were applied before ultimate loading in an attempt to 
"seat" the bolts. However, either higher or more loads are 
apparently required to assure seat-in. Seat-in and extended 
(beyond two lifetime ) life loading were examined further by 
residually testing two beams after 0.1 lifetime of loading and 
allowing two others to run out to four lifetimes (a minor delta 
impact on the original program schedule) . 

Beams 15 and 16 were statically tested after being loaded 
to 0.1 lifetime, and they did exhibit the "seat-in" effects, 
i.e. higher strength over static case. 


Beams 17 and 18 were to be fatigued to four lifetimes; 
however, the latter beam failed in fatigue on the compression 
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cover at 1.3 lifetimes. The failure mode (similar to that of 
Beam 11 in the earlier residual strength compression side 
failure) is shown in Figure 18. Beams 17 and 20 did reach four 
lifetimes without failing. These beams were inspected closely 
throughout the fatigue loading, and a crack developed at or near 
the interface of the 45° buffer ply and the 0° structural ply 
at approximately one lifetime and continued to grow parallel 
to the beam span. This crack resulted in reduced static strength 
on Beams 17 and 20 and a fatigue failure on Beam 19 (although 
not confirmed this is believed to have also occurred on Beam 18) . 
The last beam evaluated (Beam 4) was tested to two lifetimes. 

No cracks were observed on the compression cover, and the 
residual test yielded a tensile cover failure similar to the 
earlier beams . 


Implications of Component Result 

Residual strength- lifetime data derived from component 
testing are plotted in Figure 19. The implied behavior of the 
beams based on the results available is shown by the distribution 
and probability of survival traces superimposed on the data. 
Compressive cover strength is apparently greater than tensile 
cover strength at time = 0 (shown at 10 lifetimes in Figure 19). 
The tensile cover strength distribution is seen to degrade only 
slightly, i.e. variance broadens, through two lifetimes. The 
compressive cover strength is believed to degrade more severely 
with actual resultant fatigue failures occurring somewhere in 
the first lifetime. (Note: The spectrum used is highly intensi- 

fied and the fatigue failures would be at about 17 lifetimes 
if the above wear-out model were shifted to a limit load spectrum 
(no rms or truncation load magnification).) 

During the elemental phase, the compressive characteristics 
of the critical elements were evaluated using plate-type specimens 
and reversing the sign of the fatigue spectrum loads (easily 
accomplished in the laboratory) . The simple plate specimens 
indicated compressive loading would be less critical than tensile 
loading. No element compressive fatigue failures occurred at 
spectrum intensities comparable to those used on tensile speci- 
mens. The correlation of element and component data has been 
confounded by mixed failure modes observed in the box beam. In 
retrospect, it now appears necessary to design and test a com- 
pressive element that is more realistic (i.e. complex) than the 
simple plate elements used previously so that the primary pro- 
gram objective can be truly evaluated. A compression element 
test series is presently being considered. 
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PROGRAM ACCOMPLISHMENTS 


Program accomplishments may be summarized as follows. 

PRIMARY OBJECTIVE: 

Element Data Used to Predict Component Behavior 

RESULT: Element Data Used in Predicting Component 

o Static Strength 

o Static Failure Location and Mode 

RESULT: Component Static Distribution Parameter 

Correlates with Element Distribution Parameter 

ADDITIONAL OBJECTIVE: 

Environmental Characterization 

In-Depth Evaluation of Moisture-Temperature -Absorption 
Characteristics of Graphite-Epoxy 

ADDITIONAL ACCOMPLISHMENTS : 

Scale Up of Closed Loop Test Facility (Two D.O.F. Loading) 

Successful Manufacturing Experiment with Buffer Strip 
Design 


REMAINING WORK 


The work remaining to complete the Life Assurance Program 
includes 


1. Component environmental characterization including 
static and quasi-real time fatigue tests with super- 
imposed environmental conditioning 

2. Component data analysis 

3. Documentation. 
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In addition, a compressive element characterization to include 
design of realistic specimen and development of a data base is 
necessary if the main objective of the program is to be met 
completely . 


CLOSURE 


The utility of being able to use element data to character- 
ize component behavior is obvious in the preliminary and final 
design steps. Certification criteria require that both environ- 
mental effects and distribution effects be estimated. This pro- 
gram provides much—needed guidance on how a series of tests 
should be laid out to provide the data needed to support the 
certification of composite hardware. 
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RESULTS OF STATIC /ACCELERATED FATIGUE COMPONENTS 
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Figure 3 Mission and Temperature Profiles Used in 
Spectrum Development 
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Figure 4 Relationship of Strength Distribution to Truncation Load 
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Figure 5 Residual Strength of Type I Bolted Joints Following 
Fatigue Loading - "Baseline" Spectrum 






Static 


Type I 



Ultimate RTD bearing strength increases linearly with initial 
bolt torque (0 to 75 in-lb). 

Ultimate dry bearing strength decreases with increasing 
temperature (-60°F to +300°F) . The relationship is exponential. 

^ At R.T., increasing laminate moisture content tends to increase 
bearing strength over initial dry strength up to moisture levels 
of approximately 80-percent of saturation (saturation is 1.74 
weight gain) . 

• At elevated temperature, 200°F to 300°F, bearing strength 
decreases from initial dry elevated temperature for moisture 
contents greater than approximately 15-percent of saturation. 

For moisture levels less than 15-percent of saturation, there 
is an indication of a small strength increase over dry strength 
(at temperature) . 

• Failure mode is fiber tension before and after fatigue loading. 

RT D Accelerated Fatigue 

• The baseline spectrum (no rms load magnification) has a 
negligible effect on residual strength characteristics through 
4 simulated service lives. After 10-lifetimes of loading, there 
is evidence that the residual strength characteristics are 
affected, i.e. mean strength is reduced slightly and variance 
increases . 

• Spectrum loading at a rms load magnification of 40% degrades 
residual strength characteristics rapidly, i.e. m less tha 
one lifetime. 

• Results of spectrum loading at a rms load magnification of 26% 
indicates a gradual reduction in mean residual strength ur.d 
increasing variance through one lifetime. 

Constant Temperature Accelerated Fatigue (26% rms magnification) 

• At 200°F residual strength tends to increase after 0.1 lifetime 
of loading over initial static strength. After 1.0 lifetime me 
residual strength has not been greatly affected, however, 
variance appears to be increasing. 

• Results at 300°F indicate mean residual strength to be increas- 
ing over static strength through 1.0 lifetime. 

RTW Accelerated Fa tigu e (267« rms magnification) 

• RT wet strength after 1-lifetime is greater than dry strength. 

• Proof loading Type I specimens has negligible impact on residual 
strength characteristics through 1- lifetime. 

Real Time Fatigue (26% rms magnification) 

• The 300°F residual strength reductions observed between 
accelerated and real time spectrum loading appear to be due 
almost entirely to specimen moisture content. 

Figure 7 Summary of Experimental Observation of Elemental 
Specimens - Life Assurance Program 



Static 



• There is a negligible strength change when bolt torque is increased 
Torque of 300 to 400 ft-lb gives an approximate 11-percent strength 


from 0 to 200 ft-lb. 
increase over no torque. 


• Failure mode is fiber tension before and after fatigue leading. 


• Residual strength was degraded approximately 6-percent following 4 to 5 lifetimes of fatigue 
loading. 



• Failure mode is fiber tension before and after fatigue loading. 

• Specimens loaded in compression have 12-17 percent higher strength than in tension. 

Fatigue 

• Static tensile strength increases initially (approximately 11%) following short-time fatigue 
loading as observed from residual tests after 0.1 lifetime. 

• Fatigue failures were observed in tensile loading at all magnification levels. 

• There were no fatigue failures observed in compression loading. 

• All tensile specimens which survived fatigue loading, with one exception, had residual 
strengths greater than the maximum static strength value observed. 


Static 

• Failure modes vary with load condition. Predominant bearing reaction conditions had failures 
similar to Type I fiber tension. Predominant tensile reaction conditions had interlaminar 
failures associated with the bonded end grips, with the exception of 10CK tension loading 
specimens which failed in fiber tension in t je primary laminate. 

• There is an interaction between tension and bearing strengths for the all graphite-epoxy 
"buffer strip" laminate when the buffer is adjacent to the edge. 

Fatigue 


Type IV 


• Residual strength does not increase for this specimen type after brief durations of fatigue 
load ing . 

• Fatigue failures were observed in tensile loading for the 50% bearing reaction condition. 

• There were no fatigue failures in either tension or compression for the 20% bearing 
reaction condition, however, it was necessary to use the baseline spectrum (no rms magni- 
fication) in order to tert the specimen without inducing end grip associated failures. 

• In the case of the 20% bearing reaction condition the residual strength in tension degrades 
approximately 14% between 1 and 2 lifetimes. 

Figure 7 Summary of Experimental Observation of Elemental 
Specimens - Life Assurance Program (Cont'd) 
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Static 


Type V 



• Strength is increased 500 to 600 pounds (approximately 29 
percent) when the open hole of a Type V speciman is filled with 
a torqued fastener. This is essentially the same strength as 
the unnotched laminate. 

• Compressive strength is greater than tensile strength in the 
case of open hole specimens. 

• There is an interaction between tension and bearing strengths 
for the (+45) laminate. 


Fatigue 


• The relationship between spectrum magnification factor and 
fatigue life for both open hole and bolted specimens is accurately 
modeled by a power law function. 

m Residual strain was observed after only a few cycles between 0 
and 6000 /xin/in strain. 

• There were no fatigue failures on bolted specimens for 6300 
/Ain/in peak strain or less. 

• There is a rapid degradation of laminate modulus just prior to 
fatigue failure, however, a gradual loss is observed over a 
considerable period of life. 

Figure 7 Summary of Experimental Observation of Elemental 
Specimens - Life Assurance Program (Cont'd) 
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RESIDUAL STRENGTH FRACTION 










RTD STATIC FAILURE IN PREDICTED CRITICAL AREA 
Where 100% = Predicted Ultimate Load 




ARROW SHOWS INITIAL FAILURE SITE 



Figuro 16 RTD Static Failure in Predict- 


Critical Area 


RESIDUAL STRENGTH FAILURE MODES 



Figure 17 Tensile Failures - Residual Strength 
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FATIGUE OF NOTCHED COMPOSITES 

By P.V. McLaughlin, Jr., S.V. Kulkarni 
S.N. Huang and B. Walter Rosen 
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For composite materials, a fatigue analysis is complicated 
by multiple failure modes which can exist in a laminate and which 
depend upon laminate geometry, notch size and number of cycles. 
These multiple failure modes are explicitly considered in the 
present analysis using an approximate "materials engineering" 
stress analysis and failure analysis approach which is tailored 
specifically to fiber composites. 

The present analysis can be useful in (and is consistent 
with) reliability and lifetime design procedures such as the 
"wearout" concept. Reference 1. 


EXPERIMENTAL OBSERVATIONS 


Tests of many fiber composite material systems (e.g. , see 
References 2 and 3) have shown that there are primarily three 
modes of failure in a notched fiber composite laminate under 
tension. All three failure modes have been experimentally 
observed in both static and fatigue tests. The failure modes are 
illustrated schematically in Figure 1 which represents failed 
specimens (Reference 2) of notched boron/epoxy laminates. An 

crack (in the direction of the tensile load and along the 
0 degree fibers) occurs when the central portion of the laminate 
near the notch pulls out of the remaining material due to high 
shear stresses in the notch vicinity. The axial crack propagates 
to the grips, ultimately causing specimen failure. A transverse 
or collinear crack propagation mode occurs when material immedi- 
ately adjacent to the notch has been overstressed. An unstable 
crack initiates and grows perpendicular to the load direction. 

An off-axis crack may propagate along an off-axis fiber family 
oriented at an angle to the direction of loading. Additionally, 
interlaminar damage may influence one of these failure modes. 
Failure can occur by several of these modes in the same laminate. 

In all failures, it has been observed that cracks propagate 
either along a fiber direction or transversely across the specimen 
perpendicular to the direction of tensile loading. The mode of 
failure can be different for fatigue or static loading of the 
same laminate. In addition, different notch sizes can trigger 

failure modes in the same laminate. Other factors which 
can affect failure mode are ply orientation and constituent mate- 
rial properties. 


STATIC FAILURE MODEL 

The primary modes of both static and fatigue failure of 
notched composites are: 
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(a) Propagation of a crack parallel to one of the fiber 
directions (either axial or off-axis) . 

(b) Propagation of a crack transversely across the specimen 
normal to the direction of applied tensile stress. 

The basic static model for axial and transverse failure of notched 
composites was developed in Reference 4. Modifications to the 
basic model and addition of off-axis cracking were performed in 
Reference 5. Because of its importance to the fatigue analysis 
a discussion of the static failure model is given here. ' 
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Off-Axis Crack Propagation Model 
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FATIGUE MODEL 
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axial shear. If these properties Ire Jnnon 5 J" axial tensio " and 
It is possible to perform a statfe ” at any 9 iven cycle, 

residual strength of the nnfmh ^ 10 analysis to determine the static 
strength so computed is less Jhfn^he^ * If the residual 
fatigue lifetime of the notched compIsT?™ 
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The main ingredients to the fatigue analysis, then, are; 

(a) Determination of changes in material properties in the 
notch region with number of cycles. 

(b) Utilization of these properties in a static failure 
analysis to predict residual strength. 

The approaches taken to these aspects are discussed below. 


Notch Region Material Degradation 

In a notched composite, the main cause of crack growth is 
the tendency of the notched core region to pull out, generating 
stress concentrations in adjacent material and very high shear 
stresses in the axial direction. Therefore, most fatigue 
degradation will occur due to shear and tensile stresses in the 
region immediately surrounding the notch, and the main result 
be to alter the axial tensile and axial shear behavior. 

The most direct way to determine laminate tensile and shear 
behavior under cyclic loads is simply to perform fatigue tests 
on unnotched specimens. This method, though straightforward, 
would require a battery of tests for each laminate layup geometry 
in both the axial xy and off-axis x'y 1 systems. The results 
would only be applicable to the specific laminate tested; each 
new laminate would require its own battery of tests. Therefore, 
a method of generating laminate fatigue behavior from lamina 
properties was developed and is as follows: 

1. The laminate stress state which exists in the notch vicinity 
(combined axial tension and axial shear) is determined 
utilizing the static failure analysis. The method for so- 
doing is presented in detail in Reference 5. 

2. A constant strain laminate analysis is performed on the 
laminate under the notch root stresses utilizing initial 
static lamina properties. From this laminate analysis, the 
axial normal stress, the axial shear stress, and the trans- 
verse normal stress which exist in each layer of the laminate 
are computed. 

3. From data on fatigue behavior of a unidirectional lamina, 
calculations are made of changes in lamina elastic properties 
and lamina residual failure stresses after some small increment 
in cycles. It is assumed that, over the range of cycles 
considered, the individual stresses in each lamina are not 
significantly changing. 

4. The changed lamina elastic properties and lamina strengths 
are re-introduced into the laminate analysis to predict new 


laminate elastic properties and failure stresses. 

5. A second increment of cyclic loading is selected, and steps 
1 through 4 are repeated. 

This procedure, shown in Figure 7, can be repeated enough 
times as is necessary to find the residual strength after a 
required number of cycles, or until the residual strength of 
the laminate reduces to the stress levels existing at the notch. 
When the latter occurs, the fatigue lifetime of the material 
near the notch has been reached. 

Figure 8 illustrates the kind of lamina fatigue information 
which would be necessary to generate laminate fatigue properties 
in the nbtch vicinity. Only axial tensile strength, axial shear 
strength, and axial shear modulus are illustrated, although 
additional information (such as transverse tensile strength and 
modulus) may also be necessary. 

The following subsections outline the use of this procedure 
with the static failure model to perform fatigue analysis of 
notched composite laminates. 


Axial/Transverse Fatigue Crack Modes 

Figure 9 illustrates the analysis method for the axial and 
transverse fatigue crack propagation modes. At N = 1 cycle, all 
material properties are at their initial static values. Property 
changes with N can be determined directly from lamina properties 
by laminate analysis methods described above. The altered 
material properties after a given N are used as inputs to the 
static failure analysis model to predict the residual strength 
of the notched composite and the corresponding failure mode. In 
Figure 9, static behavior using material properties which exist at 
several decades of N is shown. In the lower left are curves 
of axial "crack" length a (ineffective length) versus applied 
stress a. The axial mode failure stresses are the values of 

a at which the axial cracks extend to infinity. Overstress in 
material adjacent to the notch a.,.,..., versus the applied stress 

btf M 

is plotted in the lower right. The transverse mode failure stresses 
a T are the applied stresses at which material adjacent to the 

notch fails in axial tension. 

The resulting initial static failure prediction (n = 1) is 
that the notched laminate will fai": by transverse crack propagation 
at a stress = a After ten eyries has occurred, a similar 

situation is predicted. However, the transverse crack propagatic . 


failure strength has now increased and the axial crack mode 

strength has decreased. The resulting residual failure stress is 
_ ( 1 ) 2 

— ^rp • At 10 and all subsequent cycles, the reverse sit- 
uation occurs. Either is greater than o r , as occurs for N = 10 

or the maximum overstress in the material adjacent to the notch 
never exceeds the unnotched laminate strength. Therefore, for 
2 

n > 10 cycles, the transverse crack propagation mode never occurs 

The information contained in Figure 9 for residual strength 
and axial crack growth can be utilized as shown in Figure 10 to 
predict the residual strength, the fatigue lifetime, and axial 
fatigue crack growth with N. In Figure 10a, residual strength by 
the transverse crack propagation mode and the axial crack 
propagation mode are plotted versus number of cycles N. As seen 
in the figure, transverse cracking will occur until approximately 
20 cycles at which time axial crack propagation becomes the mode 
°f failure. The notched composite residual strength is always 
determined by the lower of the two curves. In this hypothetical 
example, the composite residual strength increases until N = 20 
cycles, then decreases until the strength of the composite becomes 
equal to the maximum cyclic stress. The composite will fail on 
the succeeding cycle, N^, which is the resulting notched composite 

laminate lifetime. 

The static axial crack length curves of Figure 9 may be uti- 
lized to calculate the axial fatigue crack growth with number of 
cycles. At any given number of cycles, the axial crack length 
will grow to the length indicated by the intersection of the max- 
imum cyclic stress level with the appropriate crack length curve. 
Figure 10b shows the results for this example. A similar computa- 
tion can be made for transverse crack growth. 


Off-Axis Fatigue Crack Mode 

In principle, the same procedure used for axial crack prop- 
agation can also be applied to the off-axis fatigue crack prop- 
®9®tion mode. Special consideration is necessary, however, to 
treat the combined stress state in the off-axis x'y' coordinate 
system. A calculation must first be made of the stress state 

^x ' y 1 ar °und the notch root which occurs during 

fatigue loading. This is performed in a manner identical to that 
used to obtain the stress state around the notch for static loading 
With the combined stress state around the notch computed, it is 
necessary to determine how the laminate x’y' shear properties 
change under the combined cyclic loading. To do this, the laminate 
analysis teci nigue discussed earlier is used to determine layer 
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Fatigue Analysis Procedure 
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A flow chart of this procedure is presented in Figure 11. 
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CONCLUDING REMARKS 


The fatigue analysis of notched composites presented here 
incorporates heterogeneous material behavior and expe^mentaUv 
Th^an 6 ! allure modes for c iber composite laminated materials. 

a «t:lizesan approximate "materials engineerina" 

approach along with simple experimental data Th^ w 

which the model has been constructed is that'reoeateS J a? 7 7 

causes changes in material proposes la“ t h e ^eh ^hese 9 

strengths^nd^ventually^ause^atigue^ailuref 051 ^ tS reSidUal 

laminates in tension. Although the tests required are [n denth 
they are uncomplicated and relativelv eacv nQr f de P th » 

the results from these tes ts h^^L'obL i neTf o?™ ' g ive^ 

analyzed ! “* Uminate -"'duration and any ^tch'geon^try can be 
5 show P tie C foUowing: the analysis presented herein and in Reference 
(1) tensile Illinois ^ f initial inc «ase in residual 

srar cyc - 

in th ease h" stren 9 th and , runout . ^Suc ^behavior va?ies USd 
with notch size and laminate layup geometry. 

assumption^i^structural S‘ 9 J ^^nS^nce ?' ‘a colon 
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The static failure model has been substantiated by experi- 
ment and analysis performed in References 2 and 4. Fatigue data 
does not exist which is of the form necessary to quantitatively 
corroborate the current fatigue analysis. However, the analysis 
does show good quantitative agreement with such fatigue data as 
are available. Also, a comprehensive testing/analysis program 
is underway to verify the applicability of the mathematical model 
and to correlate it with data from specific notched composite 
laminates . 
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FIGURE 1. OBSERVED STATIC AND FATIGUE FAILURE MODES IN 
NOTCHED BORON/EPOXY LAMINATES (REF. 2) 
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GURE 6. STATIC FAILURE ANALYSIS PROCEDURE 
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NOTCHED LAMINATE PROPERTIES 
FATIGUE LOAD STATE 



FIGURE 11. FATIGUE ANALYSIS PROCEDURE 
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SUMMARY 

tic length) and are capable of predict g ^ fracture mechanics, 

without resorting to the concep characteristic length in both 

Using a Weibull statistical distribution adja- 

strength criteria are f te[ associated with the 
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INTRODUCTION 

In metallic materials the strength analysis o£ specimens containing holes 
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notches in a similar manner. It is also shown that statistical concepts of 
brittle fracture provide the basis for the two criteria. 

STRESS FRACTURE CRITERIA 


Background 

Experimental data presented by Waddoups, Eisenmann, and Kaminski 
(reference 1) showed that the tensile strength of laminated composites con- 
taining a circular hole depends on the absolute hole size. Since the SCF 
is independent of hole size, this phenomenon could not be explained by a 

? SCF appr0 * Ch ‘ A model Evolving linear elastic fracture mechanics 

(LEFM) was proposed to explain the "hole size effect”. In particular the 
authors assumed the existence of intense energy regions which were modeled 
as through cracks of constant length a, extending symmetrically from each 
side of the hole perpendicular to the load direction. The data reduction 
scheme employed the strength of a control specimen (no hole) and the strength 
of a specimen with a circular hole in conjunction with the isotropic analytical 
solution for the problem as presented by Bowie (reference 2). This resulted 
m a determination of the length a and a critical stress intensity factor K 
which were assumed to be constant for a particular material and laminate 0 ’ 
stacking geometry. This allowed the strength of the same laminate contain- 
ing any sized hole to be predicted. It was shown in reference 1 that the 
model served to predict the proper trend of tensile strength reduction with 
increased hole size. Furthermore, the model was shown to result in a 
reasonable quantitative correlation with available data. 

Although the application of LEFM concepts to laminates containing circu- 
lar cutouts understandably produced an increased interest in the use of frac- 
ture mechanics with composite laminates, the need for such concepts is not 
entirely clear. This is because of the following two observations (see refer- 
ence 3): (1) single cracks of the type observed in metals do not form in resin 
matrix composites under repeated loads; and (2) unlike metals, a positive 
correlation between the unnotched tensile strength of a composite and its 
fracture toughness seems to exist, that is, the greater the tensile strength 
the greater the fracture toughness. ’ 

With these facts in mind, another explanation of the hole size effect was 
introduced in reference 4. Here, the explanation was based simply on the 
difference that exists in the normal stress distribution ahead of a hole for 
different sized holes, as shown for an isotropic material in figure 1. It is 
seen that, although all sized holes have the same stress concentration factor 
the normal stress perturbation from a uniform stress state is considerably 
more concentrated near the hc/e boundary in the case of the smaller hole. 


830 


Thus, intuitively, one might expect the plate containing the small hole 
to be the stronger of the two. In particular, brittle failure of a body 
under a given stress field is generally attributed to the existence of inher- 
ent flaws of various dimensions distributed throughout the body as described 
by Griffith in reference 5. Because a larger volume of material is sub- 
jected to high stress in the case of the plate containing the larger hole, the 
probability of having a large flaw in the highly stressed region is greater, 
resulting in a lower average strength for this plate. In addition, the plate 
containing the smaller hole has more capability to redistribute the stress, 
leading to higher average strength than a plate with a smaller hole. Through 
cracks were also considered in reference 4, where it was found that the 
crack size effect on measured values of fracture toughness (the variation of 
measured fracture toughness with crack size as shown in reference 6) could 
be explained in a similar manner by considering the exact elasticity solution 
for the normal stress ahead of a crack rather than just the singular term of 
the asymptotic expansion (see figure 2). 

Point Stress Criterion 


Consider a hole of radius R in an infinite orthotropic plate, as shown 
in figure 1. If a uniform stres, ®, is applied parallel to the y-axis at 
infinity, then the normal stress, Oy, along the x-axis in front of the hole 
can be approximated by 



where K is the orthotropic stress concentration factor for an infinite width 
plate as Thown in reference 7. Equation 1 was shown in reference 8 to provide 
an excellent approximation to the exact orthotropic plate solution. 


The first failure criterion in reference 4, referred to as the "point 
stress criterion", assumes failure to occur when o at some fixed distance, 
cIq, ahead of the hole first reaches the unnotched teXsile strength of the 
material, a Q , that is, when 


0y( x » 0) / 

/x=R + d 0 


( 2 ) 


Using this criterion with equation 1 results in the notched to unnotched strength 
ratio 
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where 


1 (R+d Q ) 

anc * °N e< l ua ^ s ^e notched strength of the infinite width laminate, i.e., the 

applied stress, o t at failure. Note that for very large holes, £ « 1, the 

classical stress concentration result, a®/a Q = 1/K*, is recovered. On 

the other hand, for vanishingly small hole sizes, ►O, the ratio 
oo. 1 

a N /O 0 “ as would be expected. Thus, the expected limits are found. 


Now consider the center cracked geometry of figure 2; the exact 
anisotropic elasticity solution for the normal stress ahead of a crack of 
length 2c in an infini te anisotropic plate under uniform uniaxial tension, 
o, is given by (see reference 7) 


<jr y (x, 0) 


*x 




(4) 


wh ere K j is the stress intensity factor, which in this case is given by K-« — 
o\/nc . Using this result with the failure criterion, equation 2 (with R 
replaced by c) yields 


o 

N 

*0 



(5) 


where 

r 

h = 7c+d 0 ) 

The predicted crack size effect on the measured value of the fracture 
toughness, K_, can more easily be observed by writing equation 5 in the 
form 

k q = °o V'7‘4) < 6 > 

This equation results from equation 5 simply by noting that Kq = a^rcT 

for the infinite plate geometry being considered. In equation 6, the expected 
limit of Kq = 0 for vanishingly small crack lengths is reached, while for 
^ ar £® crack lengths, Kq asymptotically approaches a constant value of 

Kq = (7) 
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Average Stress Criterion 


The second alternative failure criterion (see reference 4), called the 
"average stress criterion", assumes failure to occur for a circular hole 
when the value of a over some fixed distance, a , ahead of the hole first 
reaches the unnotcKed tensile strength of the material, i.e., when 
R+a^ 

( 8 ) 


- f ° 

a o Jr 


a (x, 0) dx 

y 


= O’- 


Using the criterion with equation 1 results in the notched to unnotched 
strength ratio 


N 

a 0 

where 


: K) 


2-f , -f 


(■?-# 




(9) 


R 


R + a 


and a is again the notched strength of the infinite width laminate. It is 
easily shown that the effected limits of are again recovered for very 

small and very large holes. 

Equation 4 for the center crack in conjunction with the average stress 
criterion, equation 8 with R replaced by c yields the notched to unnotched 
strength ratio 


N 


* 


-L 




( 10 ) 


where 


< c + a 0 > 


with the fracture toughness taking the form 

= 


>RS : ) 


(id 


oc 


Again it is easily shown that the expected limits of a ^l°Q are recovered for 

small and large cracks, respectively. For large cracks the asymptotic 
value of fracture toughness is 


( 12 ) 



a 

0 



Modified Stress Intensity Factor 


It should also be noted that an Irwin type correction factor, as dis- 
cussed in reference 9, used in conjunction with equation 10 yields a 
constant value of the critical stress intensity factor and an almost con- 
stant value when used in conjunction with equation 5. In particular, an 
Irwin type correction factor is defined in terms of a modified critical 
stress intensity factor, K’q, given by the relationship 



(13) 


where c + c^ is an effective half crack length with c^ being an adjustment 

used to operationally induce a more constant value of critical stress 
intensity factor. This adjustment was first introduced by Irwin in refer- 
ence 10 for homogeneous metals. In reference 9»c^ was chosen such that 

Kq approaches the asymptotic limit of as the implanted crack length, 

c, vanishes with the result 


c 


0 


c 


0 


2d o 


2 


(14) 

(15) 


for the point stress criterion and the average stress criterion, respectively. 


Comparison to Experimental Data 


At this point, several comments concerning the models should be made. 
First, equations 3, 9, 6, and 11 all predict the proper trends of observed 
behavior, i.e., decreasing strength of a laminate with increasing hole size 
and increasing fracture toughness with increasing crack size. Second, it is 
clear that these equations are quite useless unless the characteristic dis- 
tance, d^ or a^, remains constant for all hole or crack sizes in at least a 

particular laminate of a particular material system. In such a case, one 
test on one hole or crack size would allow the failure strength of that lamin- 
ate containing any hole or crack size to be predicted. 

The effect of notch shape and size were examined in references 4 and 9 
by considering both circular holes and sharp-tipped center cracks of sizes 
0.1, 0.3, 0.6, and 1.0 inch (hole diameter or c rack length). These combin- 
ations were considered to be a good test of the effect of the degree of stress 


concentration, since they represent the range from extremely narrow to 
extremely broad regions of concentration. The particular sizes chosen 
were made because previous data (see references 1 and 6) have shown 
that the transition from unnotched behavior to large-notch size e avior 
occurs in this range of notch size. Typical results taken from reference 
9 are shown in figures 3-8 for Scotchply 1002 and Thornel 300/Narmco 
5208 supplied in prepreg by 3M Company and Whittaker Corporation respe. 
ively. Results shown are for the quasi- isotropic orientation (0, + 4b, VU) 2g 

and for the characteristic lengths d Q =0.04 inches and a Q - 0.15 mche^ . It 

is important to note that the choice of d Q and a Q indicated is exactly the 


values of d Q and a Q used in reference 4. In particular, the values of the 

characteristic lengths used in reference 9 were not chosen from a best fit 
of the data but from a best fit of data from holes in quasi-isotropic Scotch- 
ply 1002 and cracks in (0 + 45) g T300/5208. The data has been corrected 

for finite width specimens as discussed in reference 9. Data was also pre- 
sented in reference 9 on (0,90) laminates with similar correlation to the 
failure criteria as illustrated for the quasi- isotropic laminates m the present 
paper In all figures, the solid dots represent the average experimental 
value (of three tests), the vertical line through the dots represent the data 
spread and the solid and dashed curves represent the predicted values 
using the average and point stress failure criterion, respectively. This 
data and other data found in references 4 and 9 indicate the stress failure 
criteria to be useful design tools. 


STATISTICAL STRENGTH MODEL 


Statistics of Composites 

Evidence was presented in reference 9 which suggested that tne values 
of the characteristics lengths, a Q and d Q , are a function of the statistical 

nature of the unnotched tensile strength. In order to pursue such an approach 
in more detail the statistical aspects of composite tensile strength must be 
considered. 

It has been shown by Kaminski, reference 11, that the unnotched tensile 
strength, <r c , of laminated composites can be accurately described by t e two 

parameter Weibull distribution 

P (o s ±o) -- exp (16) 

where P is the probability of survival, is the characteristic strength or 


q 


vU 


location parameter of the distribution, and a is the shape parameter. For 
the stress failure models previously described, the notched strength <7g, 

can be written in the form 

% = % £ [ a o ( d o) ■ *] (l7) 

where a is the half length of the discontinuity (hole radius or half crack 
length )7 Using equation 17 in conjunction with equation 16 yields a probability 
of survival function for the notched strength in the form 

p (vA = ex p [-("An)°] (18) 

where 

(T - f <T (19) 

N 0 

Thus, the notched strength, according to the facture model, will be described 
by a Weibull distribution having the same a as the unnotched strength, but 
with a shifted location parameter. This has been shown experimentally for 
boron/epoxy and graphite /epoxy by Waddoups and Halpin in reference 12. 

Such a result suggests that the notched strength can, at least qualitatively, 
be predicted by a classical Weibull failure model as discussed in reference 
13. 


Weibull Failure Model 

According to the Weibull strength model for brittle materials in reference 
13, the probability of survival for a volume, V, is given by the function 



where <r is the location parameter for the strength distribution of a unit 
volume of material subjected to uniform uniaxial stress. For uniform stress, 
on a volume of material, equation 19 reduces to equation 16 with 

O 0 = &/v l ' a (21) 

Consider a homogeneous plate of uniform thickness, h, containing a 
through- the- thickness discontinuity, and subjected to uniform uniaxial 
external stress, a . The normal stress distribution, a, parallel to the 
external stress will be non-uniform in the vicinity of the discontinuity, but 
can be written in the form 

a - o F(x, y) (22) 
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where x and y are the in-plane coordinates, if failure is assumed to be 
associated with this stress, then the probability of survival, from equation 
20, takes the form 

P(<*g^a} = exp^- hA(ka/a) C J (23) 

where A is the area of the plate and k is the stress enhancement factor 
given by 


k [ F(x ' y) ]° dA 

The stress enhancement factor is analogous to SCF, but takes into account 
the statistical aspects of brittle fracture rather than just the maximum 
stress. This concept has been discussed by Scop and Argon, reference 14. 
For an unnotched plate of the same material and dimensions subjected to a 
uniform external stress a, equation 23 becomes identical to equation 16 
with the substitution 

A m.*, 1 /® 

O = <7 0 (hA) 


1/a 


(24) 


Now substituting 

« N = S/k(hA) 1/a = „ 0 /k (251 

into equation 23 yields equation 18. Thus, the stress enhancement factor 
represents the reduction in the location parameter, for equal volume of 
notched and unnotched material, due to the presence of the notch, and is 
a function of the discontinuity size as shown in the next section. The use 
of equal volumes for notched and unnotched composites allows the effect of 
stress gradients on strength to be assessed without volume being a factor. 


Consider an infinite homogeneous isotropic plate of thickness h con- 
taining a circular hole of radius R as shown in figure 9. In terms of 
strength, the area adjacent to the hole which is subjected to the non-uniform 
normal stress^ is of particular interest. The non-uniform stress dissipates 

within a distance of 4R from the hole. For a hole radius up to one inch, then, 
a 4 inch square is sufficient to account for the effect of stress gradients on 

notch strength. For this case the stress enhancement factor, equation 24 
becomes 
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4. For both Scotchply and T300/5208 the value of a is approximately 20. 
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models to be , I * 1 ddlhon ’ experimental data shows the 

failure load ofTotw LT P ZIT ** ““*■“*• 

concepts 7f Wttle f“ 8U t re *° indiCa " ,hat «*«• *e.l statistical 

uity size effects A^ursor R ualltati '’ely explain discontin- 

results in figure'lO indicate ' *”• 
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such an approach neglects local heterogeneities which are ,1 , P”“oula r , 
composites. Furthermore a firet f="i ■ " present in laminatec 

, , . * • , rurcnermore, a first failure in composites does not necessarily 

r 1 r 

discontinuity size effects in laminated composite materials. ** 
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Figur 





gure 2.- Normal stress distribution for a center crack in an 

infinite anisotropic plate. Solid line represents exact 
solution, the dotted line, approximate solution. 
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Figure 4.- Comparison of predicted and experimental failure stress 
for circular holes in (0,_+ 45,90)2S T300/5208. 
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omparison of predicted and experimental failure 
stresses for center cracks in (0,+ 45,90)2S 
Scotchply 1002. 
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Figure 8.- Comparison of predicted and experimental fracture 
for center cracks in (0,+ 45, 90) 2 s T300/5208. 
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SUPER-HYBRID COMPOSITES — AN EMERGING STRUCTURAL MATERIAL 


By C. C. Cham is , R. F. Lark, T. L. Sullivan 
NASA Lewis Research Center 


SUMMARY 


Specimens of super-hybrids and advanced fiber composites were tested for 
smooth and center notch tensile strength, flexural strength, and Izod impact 
strength along the fiber direction and in the transverse direction. Specimens 
were also subjected to thermal fatigue and then tested for possible degrada- 
tion at room temperature. The smooth tensile specimens were instrumented to 
obtain data for stress-strain curves. Laminate analysis was used to analyze 
the super— hybrid specimens with respect to elastic and thermal properties, 
residual stresses, and ply stresses at the specimen fracture stress condition. 

The results show that the sup^r-hybrid composites exhibit superior re- 
sistance to Izod impact compared with other hybrid and advanced fiber com- 
posites, are only slightly degraded by thermal fatigue, and have transverse 
flexural strengths about three times that of diffusion bonded boron /aluminum. 

INTRODUCTION 


The national need for the ccnser\ation of natural resources provides a 
strong motivation for the efficient utilization of materials. In the area of 
materials for flight vehicle applications, the super-hybrid composite concept 
provides a means of utilizing advanced composite materials efficiently while 
meeting diverse design requirements. 

Advanced fiber/resin and fiber /aluminum matrix composites are used effec- 
tively when the fiber and load directions are coincident. To provide strength 
or stiffness in more than one direction, composites with fibers oriented in 
several directions are necessary. Orienting fibers in more than one direction 
in the same composite, however, reduces their efficiency substantially and 
introduces lamination residual stresses comparable to the transverse and shear 
strength properties of the unidirectional composite. These lamination residual 
stresses can severely limit the resistance of composite components in flight 
vehicle structures to cyclic loads. In addition, current commercially avail- 
able advanced fiber composites are weak in impact and erosion resistance. Also 



graphite fiber resin composites are susceptible to moisture degradation. 

The aforementioned difficulties may be overcome to a significant extent 

H* h f SUper "l iyb y id COTr ‘P osite concept. Briefly, superhvbrids combine the 
best characteristics of fiber/resin, fiber/metal, and metal foil materials 

bon ? ln8 ; 'Assembly of a super-hybrid is schematically illjs- 
Potential „ f X Preliminary studies on fabrication feasibility and 
reference 1 s “P"-^ b rrd composites as an aerospace material were reported in 

tested for meohan,? 7 ’ ^ sp ‘ clflc =“Per-hybrld composite was made and 
, . anical properties and Izod impact strength. The resistance of 

in P refe^en^ S l'° fati 8 ue was not investigated in the study reported 

niust?ate r theL e Stf % th ! SUper - hybrid composite concept and to further 
an inves t iga t ion 


DESCRIPTION OF COMPOSITE SYSTEMS 


In the following section 
discussed. 


the various types of laminates 


investigated are 


constituent Plies and Materials 

S„«A°1L"' S ?b ““a made, two boron/aluminum (B/Al) and two 

super hybrids The types of laminates, laminate designations, constituent 

cnnfnV 1S C 3nd mater , lal snPPi^rs are listed in table 1(a). The laminate 

gura ions are shown in table 1(b). The numbering system for the laminate 
types is consistant with that of reference 1. 

Thermal physical and mechanical properties of the constituent materials 
are summarized in reference 1, table II. Note the thermal and mechanical 
proper les o the boron/1100-Al alloy composites are approximately the same as 
those for the boron/6061-Al alloy. 


Laminate Fabrication 


Type II-A . - 
the manufacturer, 
diffusion bonding 
1/2 hour. 


ight plies of 5.6 mil-B/1100-Al were diffusion bonded by 
Amercom, Inc. to provide a unidirectional laminate. The 
conditions consisted of 4500 psi pressure at 950 °F for 


T yP e “ Six plies of 8.0 mil-B,/] 100-A1 were diffusion bonded by the 


manufacturer, Amercom, Inc. to produce a unidirectional laminate. Hie diffus- 
ion bonding conditions were the same as those for Type II-A. 


T ype VI . - Five sheets of titanium foil and 10 plies of graphite/epoxy 
(Gr/Ep) were adhesively bonded using FM 1000 structural adhesive to produce a 
unidirectional laminate. The foil was so oriented that its primary rolling 
direction was parallel to the fiber direction. Before bonding, the titanium 
foil plies were degreased and treated with a 5-percent hydrogen fluoride solu- 
tion for 30 seconds at room temperature. This was followed by a water and 
methyl alcohol rxnse and then by drying. 

The graphite /epoxy plies were bonded using PR 288 epoxy matrix resin 
supplied by the Minnesota Mining and Manufacturing Co. (3 M Co.). The time- 
pressure— temperature curing cycle was selected to initially cure the graphite/ 
epoxy plies and then to cure the FM 1000 interfaces. The procedure was as 
follows: The various components of the laminate were assembled in a metal 

mold. A laminating press was then preheated to 350 °F. The cold mold was 
placed in the press and 15 psig contact pressure was applied. Contact pressure 
was maintained for 3.6 minutes. A pressure of 600 psig was then applied. 
Pressure and temperature were maintained for 2 hours to complete curing of the 
epoxy resin matrix and the FM 1000 adhesive. Upon completion of curing, the 
press pressure was reduced to zero and the mold was removed from the press in 
a hot condition. The laminate was then removed from the mold after cooling. 

Type VII . - Four sheets of titanium foil, two plies of B/Al, and seven 
plies of graphite/epoxy were adhesively bonded to produce a unidirectional 
laminate. Super-hybrid Type VII is the same as Type V, (ref. 1), without the 
mid titanium foil layer. The bonding and curing procedures for Type VII were 
the same as for Type VI. It is noted here that the fabrication procedure for 
super-hybrids VI and VII is similar to that for super-hybrid Type V in 
reference 1, except that 3501 epoxy resin matrix was used for the Type V lam- 
inate. 

Typical cross sections of the laminates are shown in the photomicrographs 
of figure 2. The materials and various plies in these laminates are also 
indicated in this figure. The detailed arrangement of the materials, plies 
and their corresponding thicknesses are given in table 1(b). 


DESCRIPTION OF TEST PROGRAM 


In this section the specimen preparation, instrumentation, types of 
tests, and procedures are described. 


Specimen Preparation 

Unidirectional laminates ranging from 0.058 to 0.064 in, thick were cut 
into 0.500 in. wide specimens by using a precision wafer cutting machine 
equipped with a diamond cutting wheel. A specimen layout plan is shown in 


3-j, 


figure 3. The ends of all specimens used to determine longitudinal smooth 
tensile properties were reinforced with adhesively bonded fluminum tabs. 

h T ° d ® t ® rmine the notch sensitivity of the laminates, through-the-thickness 
rll "L! I""' P J aCed “ electrical discharge t [nachining eS 

0.17 “as radlUS ““ °-°° 3 ln ‘ ° r less ' A "°“ h « 

ro flexural specimens were used for the thermal fatigue and subseauent 

residual strength studies. The flexural specimens were selected because 

retention^f^ma? C ° nvenien t wa y to assess the structural integritv 

. r - material, as measured by its mechanical properties since this 

SU jects the material to tension, compression and shear simultaneously. 

Specimen Instrumentation 

m . specimens used to determine smooth tensile properties were instru- 

W1 h h ® traln gages to measure longitudinal and transverse strain A 
photograph of an instrumented specimen is shown in figure 4. 


Types of Tests and Procedures 

™ ~ - ° tl | 1 and notch t ens ile strengths . - The smooth and notch tensile soeci- 

mens were loaded to failure using a hydraulically actuated unlvers^tLtlng 

and the' t L ° ngltudinal s P ec imens haa a test section that was about 3 in. long 
Ihe not , transverse specimens had a test section that was about 2 in long 

ess 

-or ~ exural strengths . - Test specimens having a length of 3 in. were tested 
system was used Tith a'span testlng machine - A three-point loading 

iecr J r?o r m ^ C - Strerigths - “ Non-standard unnotched thin specimens were sub- 

a 2-lb hammer. The velocity^ ^h^h^el waf l^f ^/sec^^ 

sions were 0.50 in. wide by 2.5 in. long. specimen dimen- 

width^f' ^SO^ 1 l8Ue test ^ : “ Test specimens having a length of 3 in. and a 

ypical cycle consisted of a two-minute cooling 



, ^ . nar - n j ^AmDles were periodically withdrawn from ther 

£l°Igir«sting and were objected to flexural strength tests using a three- 
no inf 3 loading systL with a span of 2 inches. All specimens, before and 
after thermal fatigue testing, were examined optically, at 30X magnifica- 
tion, for possible cracks or delaminations. 


experimental test program results 


In this section results obtained for density, tensile (smooth and notched), 
flexural'^ flexural after thermal fatigue, and Izod impact tests are summarised 
and discussed. Data for super-hybrid V are from reference 1. They are in- 
eluded here for comparison. 


Density 

The measured densities of the laminates tested are given in the third 
column of table II. Note that all the super-hybrids have abou^ the same 
density which is the same as that of glass/epoxy, 0.074 lb/m. , and about 
25 percant less than B/1100-A1. 


Smooth Tensile Tests 

Table II summarizes the test data obtained from smooth spec-mens (speci- 
mens without notches). This table includes laminate ^£^i 0 ( f“ ers) 

, . , rroi-r.Tlf.1 to fibers) and transverse (load applied normal to iidci. / 

£pe«ie” "be initlnl tnngnnr --i and Poisson ^-Jos^re given. 

ials ^e longi^dinal L/ brans verse fracture strains of the super-hybrrds 
are approximately equal. 

Note in table II that the longitudinal fracture stress of ^ 

fracture stress and strain of the 5.6-B/A1 Ul H) are aoouL f f «- , 

than those of the 8.0 B/Al (H-B) . The transverse f ^ t " r ®*“®!® 1 ° (ref . . 

and 8.0 B/1100-A1 is only about 50-percent of that of 5. / 

Stress-strain curves for all types of laminates are shown in figure 7(a) 
for loads parallel to fibers and in figure 7(b) for loads transverse 

Thp stress-strain curves are linear to fracture, or nearly so, 

specimens loaded paralle, to the fibers H ^ ve J> 

to the fibers exhibit considerable nonlinearity (fig. 7(b)). uurves o 
Poisson's strain versus axial strain are shown in figure 8. 

“SVwsTa^v" 8 ' Stud 1 in lon^udLa! 'teMiOT.^ae'borwSu^l 01 
7urf y aiUd S „Ln1he ten e sllc stress produced srraih about egual to the 


fracture strains of the boron fibers ^ r 

therefore still capable of carrying mech^niclf ? intact and were 

allure mode to be significant because these hybrid’ The authors believe this 
inherent fail-safe design characteristics. ybrids can be designed to have 


Notch Tensile Tests 

two :rr£ d ^: table 

dinal and trans^dS"^ 


( 2 ) 


•P«i»n. was observed 

may be attributed, ± n part, to the tr!n 11,18 stren gthening 

the fibers at the notch ends a^d toTollT,* I J atralnln * ««ects of 
matrix strength due to machining the no^ch 0863 “ the alundnum 


Flexural Tests 

flexural “£ Poinr 

served from the data are: ' 11,6 lm P° rt ant points to be ob- 

transverse^strength ll ^ompared e wlth d the i B/1100“Al composites^ “ 

longitudinal^f lexural°streng tf^ compared ^witt^ot her ^compos it es? “ 

smaller^han “ 


Izod impact resistL« P or t hrdiffe?enriami^t iZed table V ‘ To ^mpare 
with respect to the cross sectional area of the 6 * 3 ’ ^ d3ta Were norTnaliz ed 
low and high I zod impact strengths -mJ ?h f ^ com - Dosite - In table V the 
posite or material are given. 6 number of specimens for each cora- 

following^ mP Using ‘the "^super-hybrid "compos it m ^ ^ ±n ^ V is the 

be designed with Izod impact resistance ^ C °" cept ’ com posite materials may 

resistance approaching that of 6061 aluminum 


7 

(800 in. -lb/in. ) (ref. 1). In addition, when the 
malized with respect to density, the longitudinal 
type V hybrid is about 70-percent that of titanium 


Izod impact values 
impact resistance of 


/ i n r\r\ r\ 


are nor- 
th e 


... Anoth ® r important point to be observed from the data in table V is that 
the super-hybrids have Izod longitudinal impact resistance about two times 
hat of the B/1100-A1 , while the transverse is about the same. This K ni- 

ai e T t \s 3 ™teA iS CC,,Sld r d “ a relatively high energy absortU 
pm d!d'k. 1 , 7 . r v' the B/1100 ‘ A1 unidirectional composite 

Lpact lesL^nce S “ PP may “ haVe tee " » r °« s “ d for optimum 


Flexural Tests After Thermal Fatigue 

^ fatigue effects on the flexural strength of super-hybrids are 

summarized in table VI. Prior to testing these specimens in flexure tJev 
were subjected to 1000 thermal cycles from -100 °F to 300 °F. Optical exLiin- 

ord’r’to^ “f gn ^ lcat ^°"» did not reveal cracks or delaminations. In 

sites IfTeTlrLal 1 - SU& 6ffeCtS m ° re P ronounced » the flexural fracture 
As rtt hi ther “ a b cycling is compared to the as-fabricated highest value. 

As can be observed from the data in table VI, the thermal fatigue effects on 

cenr l0n h^l Udlnal n l6XUral Strengt:h of the super-hybrids is less than 10-per- 
cent, while on the transverse, it is about 25-percent. 


The important point to be 
strength, after thermal fatigue 
when compared to the transverse 
both metal and resin-matrix. 


noted is that the transverse flexural re 1 
, of the supei.-hybrids is still substanti. 
strength of advanced unidirectional composites 


THEORETICAL RESULTS 


, 1116 theoretical results described below were obtained using the laminate 

theory and computer code described in reference 3. The results are for? 

(1) mechanical and thermal properties 

(2) ply residual stresses 

(3) ply-stress and composite-stress influence coefficients. 


Mechanical and Thermal Properties 

table T VII the Tn e fh^ al i y KT )redlCt ? d mechan; j- cal properties are summarized in 
, .. ‘ table results are given for density, membrane fin-plane) 

uli and thermal coefficients of expansion, and bending moduli. Nominal 

::^ri2r ertieS f ° r 6061_A1 and Ti (6 A1 - 4V) are e ive " f - baseline -terial 


As can be observed from the data in table VII, the bending moduli of the 
super-hybrids are comparable to those of the titanium alloy in magnitude and 
the super-hybrids have less than one-half its density. 


Lamination Residual Stresses 

Lamination residual stresses are induced in the constituent material 
layers of the metal and resin matrix composites and the adhesive as a result 
of the lamination process because of : 

(1) The mismatch of the thermal coefficient of expansion of the 
constituents 

( 2 ) The temperature difference between the cure and room temperatures 
(ref. 2). 

The lamination residual stresses were computed as described in reference 1. 

Selected results are summarized in table VIII. Note that the safety margins 
(S.M. ) are also given; these were computed using the failure criterion in 
reference 4. 

The ply residual stresses in table VIII are for a particular ply type as 
it is first encountered progressing inward from either surface. Several im- 
portant observations from the data in table VIII are: 

1* S.M. f s for all plies is 0.66 or greater (zero denotes onset of 

fracture). Therefore, considerable capacity remains to resist mechanical 
load. 


2. The longitudinal and transverse residual stresses in the adhesive are 
approximately equal and appear to be insensitive to the composition of the 
super-hybrid investigated. The adhesive residual stress is about 3.5 ksi 
which is about 50-percent of the bulk-state fracture stress, (ref. 1). 

3. The longitudinal residual stress in the Gr/Ep plies is compressive. 

4. The transverse residual stress in the B/Al plies is relatively small; 
less than 2.5 ksi. 


Ply Stress Influence Coefficients 

The concept of super-hybrid composites involves the strategic location of 
the titanium foil and B/Al plies to provide maximum resistance to transverse 
and shear forces. A direct way to assess whether this was achieved in the 
super-hybrids considered herein is to compute the ply stress influence coeffi- 
cients due to uniaxial membrane and bending composite stresses. These in- 
fluence coefficients were computed using the linear laminate analysis of 
reference 3. Selected results obtained for super-hybrid V are summarized in 
table IX. These results are for a particular ply type as it is first en- 


s?«sri h r? 8 n ssln8 inw f d from the surface - N ° te that th. piy 

stress 'taken^it^the b * •*“*** the „e*ra„e (bending. 

As can be observed from the data in table IX, the titanium foil and B/Al 
plies bare large ply stress influence coefficients for uniaxial transverse 
and shear composite stresses. Therefore, the titanium foils and the B/U in 

shear U fo^ces 1 ^i Pr ° V •r- PraC n tiCaUy a11 the tesistance for transverse' and 
hear forces. This verifies their role in the super-hybrid concept. 

The other points to be observed from the data in table IX are: 

for- oil T ^ 6 stress infl uence coefficients of the adhesive are negligible 
for all uniaxial composite stresses. Therefore, fracture will occur first in 
one of the non-adhesive constituents as desired in the super-hybrid concept. 

Gr/En 2 d„^ e tranSVe * se and shear P ly stress influence coefficients of the 
Gr/Ep due to uniaxial transverse and shear composite stresses ar° about 

is” another d J he c ° rres Ponding coefficients for the titanium and B/Al. This 
is another desired feature of the super-hybrid concept. 

^ansverse and shear ply stress influence coefficients for the 
titanium foils and the B/Al plies are approximately equal. This means that 

“g im exhibit 1 " ^ direCti0 "’ in-plane she^ or L 

f 8 7 1 exhlblt nonlinear stress-strain to fracture. The E/Al olies will 

fail first followed by yielding and finally fracture of the titanium 1Z ^ 

“In' f~fM traln CUr - SS ±n fi8U - ?(b) the 'poisson^s Strain 6 

urves xn txgure 8(b) are consistent with this observation. 

The previous discussion leads to the following conclusion. The transverse 

"ilfirgen'erir 6 ~ e t: °* wil1 be ^erned by the titanium 

i-*m! tt general * y he transverse fracture strains for the super-hybrids in 
table II are about 1-percent which is approximately equal to the yield strain 
of titanium and which is in accord with the conclusion just stale! Insane 
twisting shear fracture strains need yet to be determined. 

residual InTtl^lT^ 3 th \ Various P lies resulting from the combined 
tabled and t T a f r y . obtained from the influence coefficients in 
table VIII 7 3 ln§ 3 gebraicly the corresponding residual stress from 

... Pb ° t0gra P hS ° u f fractured super-hybrid specimens from various tests in 

ti: c tz. in figure 9 - Note the wei1 defined f “ 


► J 4 the stress strain curves for the super-hybrids tested in the longi- 

tudinal direction are linear to fracture, the influence coefficients in ta- 
ble IX can be used to compute the ply longitudinal fracture stress due to both 
^ bendlng loads> For example, the longitudinal fracture stresses in 

I hC a B/A iu PlleS are (204 ksl) due t0 tensile load and (216 ksi) due to flexural 
load. These values are about the same as those for laminate II-A, table II. 


COMPARISON OF PREDICTED AND MEASURED DATA 


Comparing corresponding data from table VII (in-plane) with those in 
table II for the super-hybrids, it is seen that all but one of the predicted 
values are within 10-percent of the measured values. Note, the measured values 
for longitudinal modulus for the B/Al composites are less than the predicted 
ones by an amount equivalent to that corresponding to approximately the 
aluminum modulus contribution (as determined using the rule— of— mixtures) 

This is probably the case because the 1100-A1 is so soft that it was probably 
already stressed nonlinearly due to microresidual strains. 

Comparing corresponding data for the longitudinal and transverse moduli 
in table VII (bending) with those in table IV, it is seen that they are in 
reasonably good agreement. These comparisons further substantiate that 
linear l ami nate theory is adequate for predicting elastic properties of super- 
hybrids. 


SUMMARY OF RESULTS AND CONCLUSIONS 

The key results from this investigation are: 

1. Super-hybrids subjected to 1000 cycles of thermal fatigue from -100° 
to 300 °F retained over 90-percent of their longitudinal flexural strength 
and over 75-percent of their transverse flexural strength. 

2. The transverse flexural strength of super-hybrids may be as high as 
eight-times that of the commerically supplied boron/1100— A1 composite* The 
longitudinal stress in the boron/aluminum plies of the super-hybrids at 
fracture is about the same as that for the boron/1100— A1 composite. 

3. The thin specimen Izod longitudinal impact resistance of the super- 
hybrids is about twice that of the commercially supplied boron/1 100-A1 , while 
the transverse impact strength is about 100 to 150-percent of that of boron/ 
1100- Al. 


4. Linear laminate analysis is adequate for predicting initial membrane 
(in-plane) and bending elastic properties of super-hybrids. 

5. Super-hybrids subjected to transverse tensile loads exhibit nonlinear 
stress-strain relationships. 

The data obtained and analyzed in this investigation further substantiate 
the practicality and utility of the super-hybrid composite concept for attain- 
ing superior impact, transverse and shear strength properties and notch insen— 
sitivity. Since the titanium foils are on the surface, it may further be con- 
cluded that super-hybrids should have good erosion and moisture resistance. 


REFERENCES 


NASA TN D-7879 , 1975. Advanced Fiber Composite Hybrids. 

^Fiber Smjosite^ ' N^ra^i^^S^. 8 ^ 68868 ln Multila y«ed 

Ch Zt’ r Compos ices'- £??£££ ms!' 

Chamis, Christos C. : Failure rn> D w, c 

NASA TN D-5367 , 1969. f ° r Fllamentar y Composites. 




TAB LE I - - LAM I NATE DF.SCR 1 PT I ONS 
(b) Laminate 


LAM I N ATE 

COMPOSITION I COMPOSITION j COMPOSITION 

Bonded Boron/ 1 1O0-A1 Dif. Bonded Boron/1100-Al j Titani™ Graplute/Epoxv. 
(B/Al) (B/Al) | ( l/(A-S/L) ) 

Type- I I-A 


I ’ . . " (a) 

Layer! Material t, m. 


1 B/Al, 0.0075 

(5.6 mil, j 

1100 ) 




(total thickness, 
0.060) 


Type- 1 1 — B 

Laver Material t, in. 


B/Al, 0.0107 
(8.0 mil, l 

1100) 


(total thickness, 
0.064) 


Type -VI 

Laver Material t, in. 

1 Ti (6-4) 0.0015 

2 FM 1000 0.0001 

3 Ti (6-4) 0.0015 

4 FM 1000 0.0001 


FM 1000 0.0001 
Ti (6-4) 0.0015 
FM 1000 0.0001 


COMPOSITION 

Titanium,8oron/6061-Al , 

Graphite/Epoxv 
(Ti/(B/Al)/(A-S/E) ) 

Tvpe-V I I 

Layer Material t, in. 

1 Ti (6-4) 0.0015 

2 FM 1000 0.001 

3 Ti (6-4) 0.0015 

4 FM 1000 0.001 

5 B/Al, 0.0074 
(5.6 mil, 

6061) 

6 FM 1000 0.001 


FM 1000 0.001 

B/Al, 0.007^ 
(5.6 mil, 

6061) 


16 

A-S/E 

0.005 

16 

FM 1000 

0.001 

17 

A-S/E 

0.005 

17 

Ti (6-4) 

0.0015 

18 

FM 1000 

0.0001 

18 

FM 1000 

0.001 

19 

Ti (6-4) 

0.0015 

19 

Ti (6-4) 

0.0015 

20 

FM 1000 

0.0001 


(total thickness, 
0.062) 

21 

Ti (6-4) 

. 0.0015 





(total thickness, 
0.058) 


notes lavcr t iciness. 

am : n a t o i v pe OcL 1 ) t h i > 


laver was Ti (6-4) with FM 1000 on each si* 
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FIBER DIRECTION 


I pure 1.- Schema* 


o.f adhesively bonded metal na + rix 
and resin matrix fiber composite hybrid. 
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Figure 3.- Typical specimen layout plan. (Nominal values. 
All dimensions are in cm (in.).) 



Figure Instrumented super-hybrid specimen. 
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ADVANCED COMPOSITES IN BURD II 


By Edward Crawley and John Wendell 

Department of Aeronautics and Astronautics 
Massachusetts Institute of Technology 


SUMMARY 


B.U.R.D. II (Biplane Ultralight Research Device) is a two 
meui powered pusher aircraft designed by M.I.T. students. Ad- 
vanced composites have been used extensively in the design of the 
primary flight structure. The main spar is a graphite /epoxy- 
styrofoam beam, which presented some unique fabrication problems 
for cost effective, minimum gauge structure. Design, analysis, 
fabrication and test results will be described. 


INTRODUCTION 


Man's desire to fly under his own power, a desire long over- 
shadowed by the development of high speed motorized flight, was 
rekindled by the establishment of the Kremer Prize under the 
auspices of the Royal Aeronautical Society. The prize, now 
£50,000, has gone unclaimed since 1957. The only requirements 
for the prize are that a man or men must fly, solely under their 
own power, in a figure-eight course around two pylons 805 m. 

(1/2 mile) apart, with an altitude of at least 3.1 m. (10 feet) 
at the start and finish line (Fig. 1) . While the requirements 
are easily stated, they will be met only with great difficulty. 

In 1969 a group of students in the Department of Aeronautics 
and Astronautics at M.I.T. accepted the Kremer Prize challenge. 
They did so hoping that they would not only build an aircraft 
capable of winning the prize, but in doing so gain valuable prac- 
tical engineering experience. Since that time almost twenty 
students have worked on the BURD, with the constant advice and 
support of the faculty and staff of the Department of Aeronautics 
and Astronautics and with the financial backing of M.I.T. and of 
various individuals and corporations. These backers are known as 
the "Friends of the BURD". The following results represent the 
collective efforts of these twenty students. 


***** * BLANK NOT 
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FIGURE l.-THE KREMER PRIZE COURSE 


CONFIGURATION OF THE BURD 


The BURD has a canard biplane configuration and is powered 
by two men through a pusher prop (Fig. 2). The design philosophy 
which led to this configuration was one of minimum energy re- 
quired over the length of the course. This demands a minimum 

design for minimum total energy expenditure in both climb 
and level flight. Note that cruise at maximum L/D is not 
necessarily synonymous with cruise at minimum power. The second 
main design consideration comes from the desire to turn success- 

T ^ e is that of negotiating a low speed (9.75 m/sec, 

32 ft/sec) low altitude (3 - 6 m.) turn. One solution is a re- 
duced span with a minimum loss in aerodynamic efficiency. By 
thus reducing the span and therefore the turning radius, the 
overall distance which must be flown is significantly shortened. 

The BURD evolved into a biplane allowing a shorter span for 
a given wing area, and providing a reduced structural weight by 
replacing a cantilever spar with a truss formed by the upper and 
lower wing spars and the interwing struts and lift wires. The 
aerodynamic disadvantage of reduced aspect ratio, wing intererence 
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and increased parasitic drag are compensated for by the addition 
of tip plates, a negative stagger of the wings, and streamlining 
of the struts. The weight savings and shorter span achieved 
approximately compensate for the increased drag. 

Since man's power output is limited, a highly efficient 
propulsion system is needed. A large propeller placed on a high 
thrust line leads to this high propulsion efficiency. A pusher is 
therefore located directly behind and above the rear pilot, 
allowing a very short path for transmission of power from the 
pedals at his feet to the prop above his head. Because the prop 
is so placed it adds to the directional stability of the aircraft, 
while not disturbing the primary flow over the wings. Direc- 
tional stability is also provided by the wing tip plates and a 
vertical fin. 

The canard configuration allows the nose down pitching moment 
of the pusher prop and positive static margin to be balanced by 
positive lift on this control surface. In addition to providing 
control in pitch, it provides the pilot with a visual flight re- 
ference to the horizon. Initially control in roll was provided by 
lift spoilers on the upper spar of the lower wing, which simul- 
taneously decrease the lift, initiating roll, and increase the 
drag on that same side, providing favorable yaw for turning. In- 
dependent yaw control is achieved by two sets of spoilers placed 
outboard on the wing tip plates, and are connected to a steerable 
front bicycle wheel for ground steering. 

Finally two men were chosen to increase the power to weight 
ratio. While the first man must both pedal and fly the aircraft, 
the second can concentrate completely on pedaling. The two men 
sit on a light weight tandem bicycle frame, with their two sets of 
pedals interconnected by a steel chain. The power is transmitted 
from the back pedals to the prop by a plastic/cable chain. 

The structure of BURD I was made up of a welded fuselage and 
four wing panels built up from balsa spars, balsa ribs, and a 
balsa leading and trailing edge, and covered with 1.27 x 10"^ m. 

(.0005 in.) polypropylene. The tip plates, fin and canard were of 
similar balsa construction. (See table 1 for specif ications . ) 


TESTING OF BURD I 


. , T ® stln 9 with a series of low speed taxi tests, which 

pointed out the necessity of ground steering and revealed other 
minor problems, all of which were corrected. Next were carried 
out several high speed taxi tests, during one of which, under 
light loads and rotation a failure of the lower wing trailinq 
edge occurred. Upon failure of the trailing edge the wings 
swung symmetrically forward, then up, the aircraft came to a 
stop, and settled onto its side. 


. . Ti } e resultin< 3 analysis indicated that the BURD reached its 
limit load factor at high angle of attack. Under these conditions 
there is a forward aerodynamic load on the wings, as well as a 
forward load resulting from negative stagger geometry of the 
interwing plane truss. Under the resulting loads, the trailinq 
edge, weakened by age and by unknown and unintentional ground 
handling impact loads, failed, allowing the wings to swinq for- 
ward. The conclusion reached was that balsa wood, because it Is 
easily damaged and moisture sensitive is perhaos not preferable 
as the primary load bearing material in the trailing edae, and 
when exposed, must be reinforced or protected. 


DESIGN CONSIDERATIONS IN THE CHOICE OF 
GRAPHITE/EPOXY FOAM SPAR CONSTRUCTION 


As a result of overall design considerations and the ex- 
perience gained on BURD I, the following specific design require- 
ments would have to be met by the main wing spar for BURD II. 

First of course, the spar would have to carry the bending and 
shear loads applied to it in all possible flight conditions, but 
principally at the maximum lift coefficient, design limit load 
factor flight condition (referred to as point IV). Under these 

the s P ar . must carry the loads imposed by the 174.3 kg. 

( b.) design weight times a 1.5 limit load factor times a 1.5 

ac or o safety. But because it is part of the interwing truss, 
the spar must also take the beam-column tension and compression 
® resulting from this truss. In addition, the spar must be 
2\ e ? ough to P rodu ce reasonably small wing tip deflection under 
flight loads and there must be an efficient arrangement to resist 
the forward loads in chordwise bending. 

.. Se <pondly, the total weight of both spars should not exceed 

*5® we i g ? t for the s P ars cn BURD I. This is 14.51 kg. 

(32 lb.) for 2 18.90 m. (62 ft.) spars. In order to fit into the 
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existing aerodynamic design, the spar would have to have exactly 

the same dimensions as the spar of BURD I, 0.26 * 4 '° 6 q 76 2 m 
MO 4 x 3 0 in.) in cross section tapering to .114 x .0762 m. 

(i°5 X 3.0 in) in the last 3.1 m. (10.0 ft.) outboard (Fig. 3). 

Si ^ U soa? °Uke S tu SS2e^^ne“s”“oSw°bo pJoduSd'by' 

r,riup ol undergraduates working in an undergraduate . lab and shop 
Silhou? any large or special ^ipment avarlable to them. The ^ 
would therefore have to b * ra ^e of laaterials^easily Be . 

assembled in this (cottage l y , 62 ft ) continuous length 

sis MS- s sars 2 i.nff=r 

assembled to form the two long spars. 

While fatigue incurred due to cyc ^^ ^ d ^| e 1S d ^°ing which" 
the soar should have a long storage lire, aur y 

2 ?^ ?lrrl°Jt n con! te - 

sideration^due to "the "extremely light structural loadrng. 

Consideration of these requirements dually 9 " °* * 

J?ng?e n miter?a? availabirpossessed^he comb tf confer 

S" 

combining graphite and balsa for their best properties, 
accepting the fabrication difficulties. 

The choice of graphite brought with it v P "f Reived" wei-^ 

being one of cost and availabi lity . ^^SrSoration, who supplied 

srssS; 

SFihHEKFcErr^igitir^^ 

rene foam to stabilize the graphite and carry shear loa . 



DESIGN AND ANALYSIS OF SPAR 


The detail design of the spar was an iterative process. The 
imposed design flight loads were those associated with the high 
angle of attack, load factor = 1.5 flight condition. First a pre- 
liminary load model of the bending moment, shear and compression 
load distributions in the spar was developed by assuming that the 
stated flight loads were applied to a completely balsa wood spar, 
as was the case in BURD I. Using this distribution a preliminary 
design for the spar was arrived at. The spar would consist of a 
foam box 0.26 x .0762 m. (10.4 x 3.0 in.) tapering to .114 x .0762 
m. ( 4 . ^ x 3.0 in) in the outboard 3.1 m. (10.0 ft.), with a web 
thickness of 6.35 x 10" 3 m. (.25 in.) and a cap thickness of 
12.7 x 10“ 3 m. (.5 in.) (Fig. 4). Single and double plies of 
graphite, located on the top and bottom caps, and at the top of 
the webs as indicated in Fig. 4 were bonded to the foam. The 
exact number and arrangement of plies depends on the spanwise 
loads. In this preliminary design a value of 1.75 N/m (100 lb/in) 
was used as the maximum compression stress that could be gene- 
rated in a single ply stabilized by foam. 

The spars are of course elements of the interwing truss, con- 
sisting of the upper and lower spar, lift wires and struts. A 
second truss was added in the chordwise plane of the wing to re- 
sist the fore and aft chordwise bending. Due to the negative 
stagger the main spar is thus in compression, the trailing edge 
in tension. Every fourth rib (balsa ribs are spaced at .229 m. 

( 9 in.)) is under axial compression and drag wires connecting the 
trailing edge and spar are in tension. These spanwise trusses 
can be seen in Fig. 5. When the wing is covered, this truss lies 
completely within the wing skin. 

One half span of the entire wing structure , including the 
spars, spanwise and chordwise trusses was then represented by a 
finite element model with the node arrangement shown in Fig. 5. 
Using a Finite Element Analysis Basic Library (FEABL) program, a 
distributed flight load was applied, and carry through and sym- 
metry fixity conditions were imposed at the mid span station. .he 
greatest spanwise bending moment of 1.06 x 10 N-m (9417 in. -lb.) 
occurs at the upper spar root where the maximum axial compressive 
load 3.59 x 10 3 N (809 lb.) and maximum shear 360 N (81 lb.) also 
occur. 

As a result of this analysis the spar cross section designs 
were finalized to those shown in Fig. 4. The problems of detailed 
design and of fittings and attachments remained. There were two 



main spar fittings to be designed, the carry through and the 
<=i-rut/lift wire attachment. At the carry through, two p 
attach the fiselace to each wing spar (Fig. 6). A foam block was 
Zlilt iSto t£e hollow box beam at the location of each of these 
¥r . cfahilize the web and to assure uniform distn 
pins m o . load A thin walled aluminum tube was then 

matches the outside diameter of the pm extending from the fuse 
TStt This way the shear loads, but not spanwise bending are 
transferred to^he fuselage. At the upper wing root a maximum 
h load of 360 N (81 lb.) occurs, corresponding to a she 

Ttrlss of roughly 1.38 x 1 0 5 N/m* (20 psi) , well within the ma- 
terial limit of the foam, as we shall see. 

The desiqn of the strut attachments is somewhat similar, in- 

eluding the same type angles! i^bSlAnto the 

SttfLS ?ro«uding The strut and 
lift wires are attached to this tab by simple pm attachments 
(Fig. 6) . 


CONSTRUCTION TECHNIQUES 

The thickness* per Hy ra^gid *r» 0.152 -• J^ 6 „&> in!, ^ShT 

fiam 8 used Taf a^Srrs?! bg/^Tl Ib/ftl, open 
temperature catalyst. 

The soar was actually fabricated in 3 steps. F ^ rs ^ 

, , MO ft ) sections of foam box were built in the o o g 
mainer.Theiaw foam was milled using a taut hot wire into 6.35 

TSS in.) by .264 m. (10.4 in.) webs and 63.5 mm. ** 

xu. i jr ff . h cantions were trimmed to length, two 

webs°and* one^cap J£e assembled in a jig ^sTatl^ 

«cSS Z SftlL any S internal gtaphite. as 

in the center section, or foam blocks were include . 



Next the 3.1 m. (10 ft.) sections were built up into roughly 
6.2 m. (20 ft.) sections and the outside graphite was added. The 
Selective Staggering of the ends of the two cap and two webs now 
facilitated the butting together of two 3.1 m. sections (Fig. 7). 
The surface of the large section was next prepared for the graphite 
by sanding it smooth, then lightly resealing it with a hot air gun. 
The epoxy was applied to the sealed foam and the graphite was 
placed, and taped, in place. This 6.2 m. section of the spar was 
then enveloped in a lay flat tubing vacuum bag, and the ends of the 
bag were sealed to the outer surface of the spar with bag sealing 
tape. The bag was then pumped down and the epoxy cured for 24 
hours at room temperature. This process was repeated until all 
the graphite was bonded to this 6.2m. section. 

Three 6.2 m. sections, one center section containing the 
carry through and two outboard sections with tapering ends, were 
now joined together and epoxied to form an 18.9 m. (62 ft.) spar. 
Short 1 m. graphite strips were then bonded in place in the area 
of these joints between the 6.2 m. sections, so that the graphite 
would be continuous for the entire length of the spar. It should 
be noted that in areas where the number or location of graphite 
plies changed, one or several strips were tapered over about 1 m. , 
so as not to cause any abrupt change in material properties or 
location of the neutral axis. The finished product was two 18.9 m. 
(62 ft.) spars. 


TESTING OF THE SPAR 

Two large full scale test articles were built and tested in 
order to verify the detailed design of the spar and assure that 
the design stress of 1.75 N/m (100 lb/in) would be achieved in a 
long length, single ply. Both test articles were 2.54 m. (100 in.) 
in length and were tested in four point bending. The first 
article was a simple beam section of "outer" wing panel type, 
tested to destruction for bending strength and deflection. The 
second included a model of the carry through, and was loaded 
through the simulated fuselage attachment pins. 

The test results showed that we were able to generate 2.42 x 
10 N/m (138 lb/in) in a single ply of graphite in compression be- 
fore it locally buckled away from the foam. The modulus of 
elasticity calculated was 9.24 x lO 1 ^ N/m 2 (13.4 x 106 psi) . How- 
ever the deflections measured were roughly twice those predicted 
by simple beam theory. This is of course due to the fact that 
shear is carried by the foam, whose modulus is a factor of 4000 
less than that of the graphite. Shear deflection is therefore a 
significant contribution to the overall deflection. 
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Many other smaller test articles were built and tested to 
verify the detailed design of the strut attachment, determine 
web buckling and toughness, and general durability of the spar. 


OTHER COMPOSITE APPLICATIONS 

In addition to their use in the main wing spar, there are 
several other areas where composites have been used. The canard 
spar is of a similar foam-graphite/epoxy construction as the main 
spar, only in a smaller scale. The trailing edge, which is an 
element of the chordwise truss to resist forward bending and is 
always in tension, is built up of a one ply graphite strip, 
stabilized by balsa. In addition the spoilers, small panels 
hinged to pop up into the airstream, are composed of a polypro- 
pylene skin stretched over a graphite reinforced balsa frame. 
Finally "Kevlar" cables will be used in several of the trusses as 
tension members. 


CONCLUSIONS 

Graphite in single and double plies was therefore success- 
fully used in conjunction with foam to produce a light, strong, 
stiff spar for BURD II. This fact and the fact that 2.42 x 10^ N/m 
(138 lb/in) were generated in a single ply in compression indicate 
the potential application of composites, used in small numbers of 
plies, to other lightly loaded flight structures. 



TABLE 1 - Specifications of the BURD 


Weight (empty) 

Weight (gross) 

Length 

Height 

Wing spam 

Canard Span 

Propeller diameter 

Wing area 

Canard Area 

Vertical stabilizer area 
Tip plate area (each) 
Cruise speed 
Propeller speed 
Crew 

Cruise power 


107.0 lb 

48 

.6 kg 

400.0 lb 

181 

. 6 kg 

27 ft 

8.2 

m 

15 ft 

4.6 

m 

62 ft 

18.9 

m 

21 ft 

6.4 

m 

10 ft 

3.0 

m 

640 ft 2 

59.4 

m 2 

60 ft 2 

5.6 

2 

m 

27 ft 2 

2.5 

2 

m 

35 ft 2 

3.2 

2 

m 

32 ft/sec 

9.7 

m/sec 

240 rpm 

240 

rpm 

2 

2 


1.1 hp 

820 

w 
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FIGURE 2,- the H.I.T. BURD 



CENTER 1 NNER H* OUTER 








FIGURE 5.- FINITE ELEMENT MODEL OF WING SPARS, 
CHORDWISE TRUSS, AND INTER-WING TRUSS 
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